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SECTION 1

INTRODUCTION TO MISSION ANALYSIS

Voz_

i. 1 OBJECTIVE

The objective of this first phase of the study is to select the most attractive missions* for

conducting a solar thermionic flight experiment.

To determine the most desirable missions requires consideration of numerous factors,

some of the more significant of which are:

• °

Compatibility with the solar thermionic experiment

Maximum size solar thermionic system permitted

Effect on spacecraft weight (battery requirements, radiation shielding required,

etc. )

Weight of spacecraft that can be orbited

Availability, cost and reliability of launch vehicle required

Accuracy of orbit injection required

Compatibility with secondary experiments

Value of secondary experiments

Attitude control requirements

Effect on life of the experiment

Simplifying the spacecraft design

MAXIMIZING THE CHANCES OF A SUCCESSFUL MISSION

This phase of the study evaluates various missions on the basis of these factors and selects

the most promising.

*In this context, mission refers to a specific combination of orbit, launch vehicle,

thermionic experiment size, secondary experiments, etc., that go to make up the flight

experiment.

I
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1.2 STUDY GROUND RULES

The constraints placed on the study are summarized here since they influence mission

selection. Five basic types of orbits were specified for consideration:

a. Circular orbit with a five to three Hght to dark ratio

b. Sun-synchronous daylight orbit

c. Elliptical orbit with a high light to shadow ratio

d. Stationary earth synchronous orbit

e. Solar probe orbit.

In addition to the specified orbits, three ground rules were established at the outset of the

study:

a. The thermionic system must generate a minimum of 100 watts

b. The number of ground stations needed and the demands on these stations are to be

minimized in order to avoid priority problems and reduce the cost of data

acquisition and handling.

Co The study is based on a spacecraft design life of one year. As the study develops,

it will be apparent that an experiment life on the order of one year is needed for

complete evaluation of such factors as the effects of the space environment on

the concentrator reflective surface.

For the Mission Analysis portion of the study, the spacecraft weight was assumed to be 350

pounds. This estimate was developed from the results of an earlier General Electric

sponsored study, entitled "A Preliminary Look at the Feasibility of a Solar Thermionic
_v

Piggy-Back Experiment. * This 350 pound estimate is broken do_ as follows:

*"A Preliminary Look at the Feasibility of a Solar Thermionic Piggy-Back Experiment," by

E.W. Williams. An internal General Electric Spacecraft Department Report, ASP-TM-003,
January 18, 1963.

1-2



Primary Experiment

Secondary Experiments

Telemetry, Tracking and Command Subsystem

Attitude Control Subsystem

Power Subsystem

Spacecraft Structure and Thermal Control

3O

95

5O

75

5O

5O

350 Pounds Total

Obviously, the spacecraft weight will vary with the particular mission, sothe 350-pound

figure can only be considered typical. When the spacecraft designs are completed, their

weight will be estimated and the effects of any deviations from 350 pounds determined.

After, having selected the most attractive missions, Phase II of the study will develop the

conceptual spacecraft designs for carrying them out.

1- 11-4
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SECTION 2

LAUNCH VEHICLES

2.I INTRODUCTION

This section considers those launch vehicles that might be suitable for use in a solar

thermionic flight experiment program. The relative merits of the various vehicles are

compared and recommendations made regarding the most suitable launch vehicles for

achieving the various orbits of interest.

2.2 LAUNCH VEHICLES CONSIDERED

A list of the launch vehicles considered in this study is given below:

ATLAS D

ATLAS AGENA B

ATLAS AGENA D

SCOUT

THOR ABLESTAR

THOR AGENA B

THOR AGENA D

TAT-AGENA D (TAT-THRUST AUGMENTED THOR)

DE LTA

TAD (THRUST AUGMENTED DELTA)

IMPROVED DELTA

This list is made up of all major launch vehicles that are currently being used in the space

program plus the IMPROVED DELTA, which at present, is under development.

The IMPROVED DELTA is an advanced version of the standard DELTA launch vehicle. Its

distinguishing characteristics are greater payload launch capability and larger payload

fairings. This vehicle is scheduled to become operational in the third quarter of 1965

(Reference 2-1). Excluding the IMPROVED DELTA, each of the vehicles listed has been

used to orbit satellites within the past year.

2-1
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Launch vehicles being used exclusively with IRBM or ICBM programs were not considered.

Launch vehicles which are still in the development stage were not considered (IMPROVED

DELTA is an exception) for the following reasons:

ao The expected difficulty in obtaining any launch vehicle which is not presently

operational, for a program of this type. Advanced launch vehicles which become

operational in the next few years will be in demand for higher priority programs _.

b. The uncertainty associated with when these boosters will be available.

c. The lack of available performance data.

The IMPROVED DELTA wa_ included because it is not an entirely new vehicle and the above

disadvantages do not apply. Sufficient performance data is now available and all indications

are that the vehicle will be available in the third quarter of 1965, as scheduled. There will

undoubtedly be other space programs interested in this vehicle, but the prioriW problem is

not one of the same magnitude as it would be ff the vehicle were a TITAN III.

Actually, failure to include those launch vehicles other than IMPROVED DELTA that are

scheduled to become operational in the next few years should have no effect on the results of

this study. At present, it appears that the surliest possible launch date for a solar
f

thermionic flight experiment would be the latter part of 1967". Only four additional launch

vehicles are scheduled (Reference 2-3) to become operational before 1969: SATURN C-l,

SATURN C-1B, TITAN TITand CENTAUR. Each of these boosters has far greater payload-

orbit capability than is: needed for this application, and therefore, would not be suitable.

*This is based on estimates of how long it will take to develop an experimental solar

thermionic flight vehicle (Reference 2-2) and discussions held with JPL personnel involved

in their solar thermionic effort.

2-2 17
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2.3 PROMISING LAUNCH VEHICLES

All of the#launch vehicles listedin the preceding section are not suitable for orbiting a

primary solar thermionic experiment. Three criteria were applied to reduce the listto

those launch vehicles warranting detailedconsiderations.

a. The chances of the launch vehicle being available over the next four years should be

good.

b. The payload fairing must be able to accommodate a minimum solar concentrator

diameter of 42 inches.

C. As a minimum payload-orbit capability the launch vehicle must be able to place 350

pounds in a 32_natutical mile circular earth orbit.

The basis for selecting these constraints and their effect on the list of launch vehicles to be

considered is discussed below.

If a logical progression is followed in the development of solar thermionics, a flight

experiment should be orbited within the next four years. Therefore, to be considered, a

launch vehicle should be operational over this four year period. Except for ATI.AS-AGENA B

and THOR-AGENA B, there are no indications at present that those launch vehicles listed in

Section 2.2 will not be operational over the next four year period. However, there are

indications that AGENA B is phasing out. The last seventeen AGENA flights (through July 28,

1964) have employed the "D" series of the AGENA. The AGENA D is an advanced version

of AGENA B. The AGENA D has greater length, thrust, and propellant capacity. The

AGENA D is the production model of the AGENA series in which the electronics have been

standardized and packaged.. Desired alterations are accomplished through the use of "kits."

In the AGENA B case, the electronics are not standard and vary from vehicle to vehicle.

The payload fairings are essentially the same for AGENA B and D. Since it appears likely

that the AGENA B will soon be extinct, the ATLAS AGENA B and THOR AGENA B will not be

considered further.
2-3
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A ground rule of this study requires that the solar thermionic system produce a minimum of

100 watts. In order to generate 100 watts, a concentrator diameter of 42 inches (see

Section 4.5) is required. Except for the SCOUT, each of the launch vehicles listed in

Section 2.2 has a standard payload fairing capable of housing a 42 inch solar concentrator.

The SCOUT vehicle is available with three standard fairings, the largest of which

accommodates a maximum diameter of 30 inches. Since this is less than the required 42

inches, the SCOUT will be dropped from further consideration.

Using the work performed in Reference 2-4 as a basis, a spacecraft designed to conduct a

solar thermtoulc flight experiment is expected to weigh approximately 350 pounds. Of the

five types of orbits considered in this study, the 325-nautical mile circular orbit represents

the minimum energy requirements placed on the launch vehicle. Therefore, if the launch

vehicle is unable to place 350 pounds in a 325-nautical mile circular orbit, it could not

achieve any of the orbits under consideration and should not be considered further. Only

ATLAS D and SCOUT, of the launch vehicles listed in Section 2.2, fail to meet this

requirement.

In light of the preceding, the launch vehicle systems with the required capability are:

ATLAS-AGENA D

THOR-ABLESTAR

THOR-AGENA D

TAT-AGENA D

DELTA

TAD

IMPROVED DELTA

o

It remains now to consider each of these launch vehicles in more detail and determine which

ones could best do the job of orbiting a primary solar thermionic experimental spacecraft.

t
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2.4 PERFORLIANCE

The significant performance parameters are outlined in this section. A brief description of

each launch vehicle system is included in addition to information on its payload-orbit

capability, available fairings, launch vibration environment, cost, and reliability.

2.4.1 DESCRIPTION AND FLIGHT RECORD

A brief description of each launch vehicle system follows. Only a limited amount of

information is included on the ATLAS and AGENA vehicles because of their classified status.

2.4° 1.1 ATLAS-AGENA D

The ATLAS-AGENA D is a two stage Air Force launch vehicle. The ATLAS-AGENA

series has been in operation as a space booster for over five years. This vehicle system

has also been used by NASA ill the Ranger and Mariner programs.

The first stage ATLAS is a liquid propellant booster developed by General Dynamics. The

rocket engines for the ATLAS are built by Rocketdyne Division of North American Aviafion.

Lockheed is the prime contractor on the second stage AGENA D.

liquid propellant rocket engine developed by Bell Aerosystems.

UDMH) propellants and has restart capability.

This stage employs a

It burns hypergolic (IRFNA-

The ATLAS-AGENA flight record (Reference 2-5) is summarized in Table 2-1. This launch

vehicle system has successfully orbited its payload on 31 out of 39 missions (through July 28,

1964).

2-5/2-6
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Launch capability for the ATLAS-AGENA D exist at both the Eastern Test Range (ETR) and

the Western Test Range (WTR)*.

2.4.1.2 THOR-AB LES TAR

THOR-ABLESTAR is a standard two-stage launch vehicle used by both the Navy and the Air

Force for launching earth satellites. This vehicle system has been in use for five years.

The THOR first state, built by Douglas, is powered by an MB-3 Block II main engine and two

vernier engines. All first stage eltgines are single-start, bi-propellant rocket engines of

calibrated thrust, manufactured by Rocketdyne division of North American Aviation. The

first stage propellants are RJ-1 and Liquid Oxygen.

The ABLESTAR upper stage is manufactured by the Space-General Corporation. This stage

consists of a single engine which burns h)oergolic (IRFNA-UDMIt) propellants and has

restart capabili_. Attitude control is maintained during powered flight by gimballing the

engine and with roll control provided by cold gas nozzles; during coast flight by a cold gas

pitch, yaw, and roll control nozzle system.

The THOR-ABLESTAR flight record (Reference 2-5) is summarized in Table 2-2. This

launch vehicle system has successfully orbited its payload in nine out of fourteen attempts

(through July 28, 1964). Design changes have been made in both stages in an attempt to

prevent a recurrence of the failures experienced to date, The THOR-ABLESTAR vehicle

has been totally successful in three out of its last four launches. The predicted over-all

reliability#of the second stage ABLESTAR is 97 percent (Reference 2-6) based on continuous

data collection from component, subsystem and system testing.

*The" Atlantic Missile Range (AMR) and Pacific Missile Range (PMR) nomenclature has

recently been supersedod by Eastern Test Range (ETR) and Western Test Range (WTR)

respectively.

2-9



Table 2-2. THOR-ABLESTAR Flight Record (Through July 28, 1964)

Fl_ht
Number

1

2

3

4

5

9

10

11

12

13

14

Mission

TRANSIT IB

w

TRANSIT 2A

and GREB I

COURIER IA

COURIER IB

TRANSIT 3A

and GREB 2

TRANSIT 3B

and LOFTI 1

TRANSIT 4A,
INJUN and

GREB 2

TRANSIT 4B

and TRAAC

COMPOSITE I

ANNA 1

ANNA 1B

USAF/USN
CLASSIFIED

USAF/USN

CLASSIFIED

USA F/USN

CLASSIFIED

Launch Date

4/13/60

6/22/60

8/18/60

10/4/60

11/30/60

2121161

6/28/61

11/16/61

1/24/62

5/10/62

10/31/62

9/28/63

12/5/63

4/2:/64

Remarks

Met all mission objectives except circularity

of orbit due to guidance non-nominal per-
formance

Met all mission objectives except circularity

of orbit. Control system problem

THOR failure

Met all objectives

THOR failure

Met all objectives except circularity or orbit.

Failure to restart due to ABLESTAR pro-

grammer

Met all objectives except INJUN and GREB 3

did not separate from each other

Met all objectives

Failed to orbit - insufficient second stage
thrust

Failed to orbit - second stage ignition
malfunction

Met all objectives

Met all objectives

Met all objectives

Failed to orbit

2-10
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Launch capability for the TItOR-ABLESTAR is currently maintained at the Eastern and

Western Test Ranges.

2.4.1.3 THOR-AGENA D and TAT-AGENA D

THOR-AGENA D is a two stage launch vehicle system used by both NASA and the Air Force.

The THOR-AGENA series has been-operational for over six years and represents the most

widely used launch vehicle in the space program.

The first stage THOR and second stage AGENA D were described earlier in Sections 2.4.1.2

and 2.4.1.1 respectively.

TAT stands ior Thrust Augmented THOR and TAT-AGENA D is simply a st-gndard THOR-

AGENA D in which the THOR has been augmented. The THOR is augmented by adding three

Thiokol solid prol_llant rockets. This increases the THOR thrust from 172,000 to 333,550

pounds. TAT is used by the Air Force to orbit payloads too henvy for the THOR-AGENA

• but which would not utilize all the capacity of ATLAS-AGENA.

The THOR-AGENA and TAT-AGENA flight records (Reference 2-5) are summarized in

Table 2-3. The THOR-AGENA series has successfully launched 64 out of 79 payloads. The

THOR-AGENA D has been successful 20 out of 22 times. The Space Log (Reference 2-5)

shows only eight TAT-AGENA D launches with the payload being successfully orbited five

times.

Launch facilities for the THOR-AGENA D and TAT-AGENA D arc maintained at the Western

Test Range.

2.4.1.4 DELTA and TAD

The DELTA launch vehicle is a three-stage space research vehicle developed by Douglas

Aircraft Company for the National Aeronautics and Space Administration. It is used to

2-11/2-12
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launch various spacecraft into either earth orbit, solar orbit, or deep space probes. There

are two standard DELTA configurations: the DSV-3B which uses the X-248 third stage motor

and the DSV-3C which uses a higher performance X-258 third stage motor.

The DELTA first stage is a basic THOR booster previously described in Section 2.4.1.2.

The propellants of the second-stage propulsion system are inhibited red fuming nitric acid

(oxidizer) and unsymmetrical dimethylhydrazine (fuel). In addition to its principal function,

the second-stage propulsion system allows pitch and yaw control by gimbaling the thrust

chamber. The second stage rocket engine is manufactured by Aerojet General.

The DELTA third-stage motor is a solid propellant rocket manufactured by Allegheny

Ballistics Laboratory.

DELTA vehicles have proven their roliabili_' with 22 successful launches ot_t of 24 attempts

(through July 28, 1964). The DELTA flight record is summarized in Table 2-4 (Referehce 2-5).

The Eastern Test Range has been used exclusively for all lammhes, but plans for the

necessary DELTA facilities at the Western Test Range have been prepared and these

facilities are scheduled to be available in the first quarter of 1966 (Reference 2-1). The

DELTA program now uses Complex 17 at Cape Kennedy. The complex includes launch pads

17A and 17B and provides the DELTA program with simultaneous checkout capability for two

vehicles.

The TAD (Thrust Augmented DELTA) was used successfully to launch SYNCOM 2 in July

1963. This represents the only application of TAD to date (through October 30, 1964). The

TAD vehicle consists of a standard DSV-3B DELTA modified with three 53,850 pound thrust

rocket motors attached to the first stage; they increase liftoff thrust from its nominal 172,000

to 333,550 pounds. These solid propellant boosters are manufactured by Thiokol. This

approach for augmenting the first stage TItOR booster is Identical to the system used on the

TAT-AGENA D launch vehicle. Launch pad 17A at ETR is used for TAD launches.
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Table 2-4. DELTA Flight Record (Through July 28, 1964)

Flight
Number Mission Launch Date Remarks

1 ECHO A-10 5/13/60 Failed to orbit - second stage

2

3

4

5

6

7

8

9

10

11

12

13

14

15

16

17

18

19

20

22

23

24

ECHO 1

TIROS 2

EXPLORER 10

TIROS 3

EXPLORER 12

Tmos 4

OSO 1

AEIEL

TIROS 5

TELSTAR 1

TIROS 6

EXPLORER

EXPLORER 15

RELAY 1

SYNCOM 1

EXPLORER 17

TELSTAR 2

TIROS 7

SYNCOM 2"

EXPLORER 18

TIROS 8

RELAY 2

BEACON

EXPLORER

s/12/6o

11/23/60

3/25/61

7/12/61

s/15/61

2/8/62

3/7/62

4/26/62

6/19/62

7/10/62
o

9/18/62

10/2/62

10/27/62

12/13/62

2/14/63

4/2/63

5/7/63

6/19/63

7/26/63

11/27/6s

12/21/63

1/21/64

3/19/64

attitude control malfunction

Successful launch

Successful launch

Successful launch

Successful launch

Successful launch

Successful launch

Successful launch

Successful launch

Successful launch

Successful launch

Successful launch

Successful launch

Successful launch

Successful launch

Successful launch

Successful launch

Successful launch

Successful launch

Successful launch

Successful launch

Successful launch

Successful launch

Failed to orbit - insufficient

third stage thrust.

Note
¢

*Launch employed the thrust augmented DELTA.

2-1s



'" ""<' ' - .:>.D,;'77
,1 ,.!,J.

v'<gz._

2.4.1.5 DclPROVED DELTA (DSV-3E)

An _IPROVED DELTA, designated the DSV-3E, is presently under development. This

vehicle is scheduled to be available in the third quarter of 1965. This is basically an

augmented DELTA (DSV-3C) with a larger improved second stage and larger payload fairings.

The first stage is a modified thrust augmented DELTA (TAD) booster. The second stage

vehicle consists of two major components; the AJ10-118E liquid propellant propulsion

system and the guidance compartment structure. The third stage/spacecraft fairing

attaches to the forward face of the guidance compartment structure and protects the third

stage motor and spacecraft from ,aerodynamic heating during the boost flight. ,

The first stage liquid propellant booster is powered by a gimballed main engine and

initially augmented by three externally mounted solid propellant motors equally spaced

around the periphery of the stage. The three solid propellant motors are jettisoned

simultaneously aiter solid propellant burnout. The AJ10-118E second stage pressure fed

propulsion system utilizes IRFNA and UDMH as propellants. The thrust chamber assembly

is mounted on a gimbal system for attitude control (pitch and yaw) during powered flight.

Roll control during powered and coast flight and pitch and yaw control during coast flight is

achieved by the second stage cold gas system. The second stage guidance compartment

structure houses the flight control system, the radio guidance system, the velocity" cutoff

system, instrumentation, range safety system, tracking and power systems.

The primary difference between the IMPRO_/ED DELTA second stage propulsion system

(AJ10-118E) and the present DELTA second stage propulsion system (AJ10-118D) is in the

tankage and aft skirt assemblies. The tankage diameter has been increased from 32 inches

to 54.7 inches, thus more than doubling the propellant capacity. The aft skirt has been

revised to attach to the larger diameter tankage. The secoad-to-third stage interstage

structure includes the spin table and is mounted at the forward end of the guidance compart-

ment structure and will support the third stage vehicle. The third stage propulsion system

is the ABL X258-E2 solid propellant rocket motor which is also used on the standard DELTA

(DSV-3C). A spacecraft attachment fitting is mounted to the forward shoulder of the third



stage motor to support various spacecrafts. The spacecraft attachment fittings includes

provisions for separating the spacecraft, at the spacecraf_support structure interface, from

the expended third stage motor.

The larger diameter of the IMPROVED DELTA second stage allows larger diameter payload

fairings than were possible with the standard DELTA (DSV-3C). The IMPROVED DELTA

use's the standard AGENA D fairings which greatly increases its payload volume capability

over the DSV-3C.

The IMPROVED DELTA represents a very versatile launch vehicle. It can be used in the

configuration described above which constitutes a three stage vehicle with first stage

augmentation. If the first stage augmentation is not needed the DSV-3E can be employed as
¢

a non augmented three stage vehicle. Finally, for applications where an evensmaller

payload-orbit capability is required the third stage solid motor can be omitted and only the

first two stages used. These various combinations have the following designations:

a. DSV-3E - Three stage vehicle with first stage augmentation

b. DSV-3F - Three stage vehicle without first stage augmentation

c. DSV-3G - Two stage vehicle (omit X-258 solid) with first stage agumentation

d. DSV-3H - Two stage vehicle without augmentation.

The IMPROVED DELTA then can be used as a two or three stage launch vehicle and with or

without augmentation depending on the particular requirements.

2.4.2 FAIRING CONFIGURATIONS

The standard available fairings for each launch vehicle system are outlined in this section.

This information is important since the available payload volume is a major factor in defining

the maximum size thermionic system a given launch vehicle can accommodate. Since several

of the launch vehicles employ the same last stage, they have essentially the same payload

fa_rtngs.

2-20
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2.4.2.1 Fairin_s for ATLAS-AGENA D_ TAT-AGENA D and THOR-AGENA D

Because the AGENA has received wide application in the space program, there have been

numerous fairing designs developed to be used with launch vehicle systems employing it as

the final stage. Some of these fairings are associated with classified programs and

information on these configurations is unavailable. Information was obtained on four

fairings made for the AGENA D. Two of these, the AGENA short fairing and the AGENA

long fairing, are shown in Figure 2-1. These fairings are basically the same except for

length. They each accommodate a payload up to 57 inches in diameter, but the long fairing

will handle a payload 195 inches long while the short fairing can only take an axial length of

88 inches. 2_ne long fairing is used on the Nimbus Program and is also referred to as the

S-27. The S-27 is the largest of the AGENA D fairings. The two additional fairings,

UNITAK and 823, are very similar in configuration to the long fairing shown in Figure 2-1.

They are approximately the same length and 62 inches in diameter instead of 64 inches.

Either of these four fairings will meet the requirements of a solar thermionic experiment.

However, since the required axial length is expected to be on the same order as the

diameter the short fairing would be the most suitable.

As part of the Advent Program, Lockheed developed and flight qualified three special :

fairings of the configuration shown in Figure 2-2. These fairings were made for use with the

AGENA B but could be used with the AGENA D ff a special adapter were developed. Since

Advent's cancellation, Lockheed has been looking for an application for these fairings.

Their size is such that solar concentrator diameters up to approximately 7.5 feet could be

accommodated. This fairing design does not appear particularly attractive, at least for the

first experimental flight, because a system requiring a solar concentrator diameter greater

than 44 to 55 inches does not appear desirable.

2-21
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2.4.2.2 Fairings for THOR-ABLESTAR

There are tnvo standard fairings for the THOR-ABLESTAR vehicle. Details of these fairings

are given in Figure 2-3. The smaller fairing is used when the payload will permit since it

is 85 pounds lighter than the large one and improves the launch vehicle payload weight

capability. Either of these fairings meets the experimental solar thermionic vehicle

requirements. The short fairing appears ideal for a spacecraft design similar to the one

resulting from the study conducted in Reference 2-4.

2.4.2.3 Fairings for DELTA and TAD

Two basic types of fairings are currently being used on the DELTA vehicle, a low drag

fairing and a bulbous fairing. The low drag fairing is used whenever the spacecraft size

permits because it has less aerodynamic drag than the bulbous fairing and allows the vehicle

to perform with maximum efficiency. Details of the standard fairings are given m Figures

2-4 and 2-5.

The low drag fairing is available in two lengths, but since the maximum diameter payload

they will accommodate is 29 inches they are not suitable for this application.

At present, the bulbous fairing is available in only one size. However, an extended bulbous

fairing has been proposed by NASA and Douglas. Douglas estimates the extended bulbous

fairing can be available for launch within six months after notification to proceed. The

bulbous fairings will just satisfy the 42-inch diameter concentrator required to obtain 100

watts from the thermionic system. However, based on the results of the study performed

in Reference 2-4 it will be difficult to package the vehicle into the standard bulbous fairing

because of the short axial length available. From this standpoint, the extended bulbous

fairing appears most attractive for this application.
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2.4.2.4 Fairings for IMPROVED DELTA

t

The IMPROVED DELTA having a larger diameter second stage, can accommodate fairings

and spacecraft of larger diameter. The two standard fairings for the IMPROVED DELTA

are shown in Figure 2-6. Aetually these are the basic AGENA D fairings (see Figure 2-1)

which have been adapted to the IMPROVED DELTA configuration. The basic IMPROVED

DELTA fairing is shown on the right of Figure 2-6. For cases where the X-258 third stage

motor is not needed the payload volume can be increased significantly by direct mounting to

the second stage as illustrated by the center configuration in Figure 2-6. Also shown is the

short, A-12 fai_ing, which is available for second stage mounting in applications where the

X-258 is not required.

These fairings will accommodate, a maximum payload diameter of 57 inches compared with

44 inches for the DELTA (DSV-3C) bulbous fairing. This increased payload diameter

capability is one of the major advantages of the IMPROVED DELTA.

2.4.3 PAYLOAD-ORBIT CAPABILITY

Payload-orbit capability plots are presented for the DELTA, TAD, IMPROVED DELTA,

and THOR-ABLESTAR launch vehicle systems. This performance data was obtained from

References 2-7, 2-8, and 2-6 respectively. Similar data for ATLAS-AGENA D, THOR-

AGENA D and TAT-AGENA D is presented in Reference 2-9, but is not included here

because of its classified nature. *

Figures 2-7 through 2-14 describe the DELTA payload-orbit capability. The TAD capability

is given in Figures 2-15 through 2-19 and the IMPROVED DELTA in Figures 2-20 through

2-38. In addition, Reference 2-8 gives several payload-orbit plots comparing the standard

*As the report progresses, itwill be shown thatthe ATLAS-AGENA D, THOR-AGENA D, and

TAT-AGENA D launch vehicles are not attractivefor the selected mission.

2-28



•i _'- -M'Af

!--

!!

_ t_0
<z

13 -' o

%

m

zl

I--z

_r

!

-_

o<oE

z_

_z

_z_5

_Tg °

I0_ 2

Qa_

,.i-__ .,,I

_r "i t! I

...... ,+,i- 1

ill t

- .-._ ]
I

z

b_

I-

W

0
r_

b. f

0 ,(_ :re

oo _- /

C

L-

z

z_
_o

oul

>F-
Om

__.o
L}

Z

0 _
zl-
-o

----_ld

i I/)

Isl

o

0

f_
0

.S

o

I

r_

2-29



DELTA (I_V-3C), TAD (DSV-3D), and the IMPROVED DELTA (DSV-3E). These results are

given in Figures 2-39 through 2-42. The THOR-ABLESTAR payload-orbit capability is

summarized in Figure 2-43.

These figures give a fairly complete picture'of the payload-orbit capability of the various

launch vehicles. However, some caution should be exercised in using these curves. For

example, Figure 2-7 indicates that DELTA can place a payload directly into polar orbit

from ETR. This is true only if the range safety constraints are ignored which in a practical

case never occurs. As a result polar orbits are generally obtained from WTR. Polar

orbits can be obtained from ETR but this requires a "dog leg" (plane change) launch which is

more complicated and makes less efficient use of the launch vehicles boost capability.

2.4.4 LAUNCH VIBRATION AND ACCELERATION ENVIRONMENT

OTable 2"5 summarizes the maximum steady state and vibratory accelerations that are

expected during powered flight for the various launch vehicles. The same loading conditions

are indicated for the DELTA, TAD and IMPROVED DELTA vehicles. Obviously, there are

differences between these vehicles but the variations are small. This is substantiated by

Figure 2-44 which gives acceleration versus time for these three vehicles. The acceleration
#

conditions for the DSV-3C and DSV-3D are essentially equal while the DSV-3E is always

equal to or lower. The maximum values are used in Table 2-5. *

I

*The values given in Table 2-5 do not agree with those given in Figure 2-44 because the

the spacecraft weights are different (Table 2-5 assumes a 350 pound spacecraft and Figure
2-44 is a 150 pound vehicle).
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COMPARISON OF PAYLOAD-ORBIT CAPABILITY FOR VARIOUS DELTA VEHICLES

PERFORMANCE SUMMARY

Figure

2-39

2-40

2-41

2-42

Launch

Vehicle Type of
Orbit

Configuration

DSV-3C Circular

DSV-3D

DSV-3E

DSV-3D Elliptical

DSV-3E

DSV-3D Elliptical

DSV-3E

DSV-3C Circular

DSV-3D

Launch

Site

ETR

ETR

WTR

WTR

Launch Orbit Altitudes

Azimuth Inclination Apogoe/Perlgee

Degrees Degrees Nautical Miles

108 33 :"200

108 33 500/100

182 90 -'3000/100

182 90 _ 300
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The values given in Table 2-5 are indicative of the actual flight levels experienced on the

vehicle. However, in practice the spacecraft components are designed to qualification levels

which are more severe than the actual flight levels. The prototype hardware is subjected to

these qualification levels and the final flight hardware is subjected to flight acceptance levels

which are less severe. As an example, the NASA recommended qualification and flight

acceptance vibration levels for the DELTA DSV-3B, 3C, 3D or 3E vehicles are given in

Table 2-6. As expected the qualification levels are significantly higher than the flight levels

given in Table 2-5 and the flight acceptance levels slightly lower than the qualification levels.

Without conducting detailed structural analyses, it is difficult to draw significant conclusions

regarding the effects of the launch environments given in Table 2-5 on spacecraft design.

However, one point is apparent, those launch vehicles employing solid propellant stages

(TAT-AGENA D, DELTA, TAD and IMPROVED DELTA) have significantly higher

acceleration and vibration loads. It is beyond the scope of this study to determine if these

higher loading conditions represent significant spacecraft structural design problems, but

based on past experience it is believed that the conditions imposed by any of these launch

vehicles could be handled without great difficult, or incurring undue weight penalties.

i •

2.5 COST AND RELIABILITY

Cost and reliability estimates for each of the promising launch vehicle systems are given in

Table 2-7. The cost estimates include all normal launch vehicle cost for injecting the pay-

load into orbit (basic vehicle, pad preparation, etc. ). If special alterations to the launch

vehicle system are required these would represent additional cost. The references for the

estimates are indicated.

Unfortunately, extensive flight experience does not exist for some of these vehicles. This

reduces the validity of the reliability estimates and can be misleading. For example, Table

2-7 indicates a reliability of 100 percent for TAD. This results because TAD has only been

used once and this was a successful launch.
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Table 2-7. Launch Vehicle Cost and Reliabilits'

LAUNCH VEHICLE RELIABILITY a COST-MILLIONS

ATLAS-AGENA D 0.79 7.5 b

THOR-AGENA D 0.81 5.6 b

TAT-AGENA D 0.63 6.2 b

THOR-AB LESTAR 0.64 3.1 b

DELTA (DSV-3C) 0.91 2.9 c

TAD (DSV-3D) 1.0 3.2 c

IMPROVED DELTA

DSV-3E

DSV-3F

DSV-3G

D_V-3H

0.91 (Est.)
0.91 (Est.)

NOTES

0.91 (Est.)

0.91 (Est.)

3.4 c

3.1 c

3.1 b

2.8 b

a. Reliability estimates were obtained by dividing the successful launchings by

the number of launch attempts (through July 28, 1964), except for the

IMPROVED DELTA figures which are estimates since this vehicle has not

been used to date. The entire launch vehicle series was considered in

establishing the flight record. For example the reliability estimate for

ATLAS-AGENA D is based on the flight record of the ATLAS-AGENA A,

B and D.

Do

Co

Obtained from V. L. Johnson, Director of Launch Vehicle and Propulsion

Programs, NASA Headquarters. Information obtained by phone on

November 6, 1964.

Obtained from R. Goss, NASA Goddard Spacecraft Coordinator for the

DELTA Launch Vehicle. Information obtained by phone on November 3,

1964. These figures were confirmed by V. L. Johnson in the phone

conversation referenced above.
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In some cases the actual vehicle reliability may be higher than the estimates given in Table

2-7. Since efforts are always being made to improve the reliability of each of these launch

vehicles the basic reliability should be increasing, therefore, an estimate based on the total

flight record should be lower than the current launch vehicle reliability. For example,

Space General estimates the current reliability of the THOR-ABLESTAR to be 90 percent

based on the most recent component tests.

Since launch vehicles are not mass produced items, and only a limited number of flights

have actually been made the question of reliability is somewhat nebulous. One approach

sometimes used is to consider the most recent portion of the flight record. The reasoning

being that this should be more representative of the current vehicle performance and reflect

the past efforts to improve the _eliability. Estimating the reliability on the number of

successful launches out of the past five attempts yields:

ATLAS-AG ENA D

THOR-AGENA D

TAT-AG ENA D

THOR-ABLESTAR

DELTA (DSV-3 C)

m

u

w

1.00

0.80

0.80

0.60

0.80

As expected these results are generally equal to or higher than those presented in Table 2-7.

Douglas estimates the IMPROVED DELT_k reliability will be essentially equal to that of the

standard DELTA since this class (DELTA, TAD and the IMPROVED DELTA configurations)

of launch vehicles all employ the same basic engines, electronics, stabilization systems, etc.

2.6 SUMMARY AND CONCLUSIONS

The major launch vehicle performance parameters are summarized m Table 2-8. The

polar orbit altitude that can be obtained for a 350 pound payload is presented to indicate the

relative launch capability of the various vehicles. The final column in the table gives the

"relative launch vibration rating. ,' Increasing numbers are meant to imply a more severe
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environment. For example, a (2) indicates that the launch environment is significantly

worse than that for a vehicle with a (1) rating, but it does not mean that it is necessarily

twice as severe.

An additional launch vehicle, the ATLAS-AGENA D-X-259, is included in Table 2-8. This

vehicle combination has not been used to date, but has been under consideration (see

Reference 2-10i by NASA-Ames for a solar probe mission. The ATLAS-AGENA D-X-259

has an important advantage over the basic ATLAS-AGENA D since it can place a 350 pound

payload in a solar probe orbit with a perihelion of 0.34 AU. The ATLAS-AGENA D can

obtain a perihelion of approximately 0.55 AU for the same spacecraft weight. To be of

maximum scientific value, it is essential that the spacecraft pass as close to the sun as

possible. This makes the ATLAS-AGENA D-X-259 an attractive vehicle for a solar probe

mission and for this reason it was included here.

The ATLAS-AGENA D-X-259 would use the same payload fairings as the ATLAS-AGENA D.

The X-259, which is the third stage engine on the SCOUT, would be mounted in the same

manner as the third stage engine on the IMPROVED DELTA (see Figure 2-6) and as a

result would occupy part of the normal payload volume.

In general, a launch vehicle selection for each of the orbits under consideration cannot be

made on the basis of the information contained in this section "alone. Consideration must be

given to orbit mechanics, communications, thermionic system performance as a function of

concentrator diameter, etc., before a final selection can be made. This is done in the

following sections. However, the launcl_,ehicles that look most promising for the orbits of

interest can be identified and some general conclusions drawn. Table 2-9 lists, what

appears at this point, to be the most attractive launch vehicles for achieving the orbits under

consideration. -_-_

m
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Table 2-9. Attractive Launch Vehicles

Orbit

A. 325 nm Circular Orbit

B. Sun-Synchronous Daylight Orbit*

C*

DQ

Elliptical Orbit with ttigh Light
to Shadow Ratio

Stationary Earth Synchronous
Orbit

E. Solar Probe

Attractive

Launch Vehicles

DELTA DSV-3C

IMPROVED DELTA DSV-3H

THOR-AB LESTAR

TAD DSV-3D

I_]PROVED DELTA DSV-3E

TAD DSV-3 D

IMPROVED DELTA DSV-3E

ATLAS-AGENA D

ATLAS-AGENA D

ATLAS-AGENA D-X-259

Of the launch vehicles considered** only the ATLAS-AGENA D has sufficient payload-orbit

capability to place a 350 pound payload in a stationary earth synchronous orbit (19,300

nautical miles and zero inclination). Therefore, no further trade-offs are necessary to

identify the launch vehicle associated with this type of orbit.

A similar situation exists in the case of the solar probe orbit. Only two vehicles, ATLAS-

AGENA D and ATLAS-AGENA D-X-259 are capable of placing a 350 pound payload in an

escape orbit. The ATLAS-AGENA D-X-259 permits a significantly closer approach to the

sun (0.34 Aid) than the ATLAS-AGENA D {0.55 At/). For this reason, the ATLAS-AGENA D

is the preferred launch vehicle.

ii

*The results of the work presented in Section 3 indicate that this type of orbit requires a

near polar inclination at an altitude between 800 and 1800 nautical miles.

**This statement does not apply to the ATLAS-AGENA D-X-259 which is only included for

consideration with solar probe orbits.



For the 325-nautical mile circular, sun-synchronous daylight, and ellipticalorbits the

choice of a launch vehicle is not as clear as in the two preceding cases. However, the

DELTA class of vehicles (DELTA, TAD and IMPROVED DELTA) appear very attractive for

the following reasons:

ae

be

co

Based on over-all flight records, the DELTA and TAD vehicles have demonstrated

a significantly higher reliability than any of the other vehicles considered. Since,

in general, the IMPROVED DELTA will employ the same basic components, it is

expected to have the same high reliability.

For equivalent payload-orbit capability, the DELTA series of launch vehicles has

the lowest cost of the vehicles considered. -

#

The development of the IMPROVED DELTA makes the DELTA series of vehicles

extremely versatile. As a result, one of the DELTA configurations will generally

closely approximate the required payload-orbit capability. This minimizes the

chances of paying for booster capability that is not needed.

do.
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The payload fairings associated with the IMPROVED DELTA allow solar concentrator

diameters essentially as large as those obtainable with any of the vehicles

considered. These allowable concentrator diameters are sufficientlylarge to

obtain the minimum acceptable thermionic generator output of 100 watts with a

sizeable margin of safety (based on the results from Section 4 a concentrator

diameter of 42 inches'is required to obtain 100 watts). Having this safety margin

can simplify the spacecraft design and offer some space for expansion should the

component performance not come up to present estimates, thus necessitating a

larger concentrator diameter.

The DELTA series are the only launch vehicles considered that are not engaged in

orbiting classified military payloads. In addition, the DELTA series are NASA
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vehicles. These two conditions shouldminimize priority problems in obtaining a

vehicle and scheduling launches.

There are two possible disadvantagesof the DELTA class of vehicles. First, there is no

WTR launch capability for DELTA at present which makes obtaining polar, or near polar,

orbits more difficult and less efficient. However, WTR launch capability is scheduled to be

available in the first quarter of 1966 and, therefore, should present no problems for this

program. Secondly, the DELTA series of vehicles have, in general, a more severe launch

acceleration and vibration environment because of the solid stages employed. A detailed

design analysis will have to be performed before the effects of this launch environment can

be established, but based on past spacecraft design experience, no extremely difficult

problems are anticipated. These two potential disadvantages are not considered serious at

this point.

The ATLAS-AGENA D, THOR-AGENA D and TAT-AGENA D do not appear attractive for the

325-nautical mile circular, sun-synchronous daylight, and elliptical orbits because of their

relatively high cost and low reliability'. The high cost" comes about partly because these

vehicles generally have much higher payload-orbit capability than is required for these

types of orbits. Another disadvantage of these three vehicles is that they are heavily

involved in launching military payloads which could result in priority problems.

Work performed in the subsequent sections will have to be considered before any further

conclusions can be drawn regarding final launch vehicle selections.
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SECTION 3

ORBIT ANA LYSIS

3. I INTRODUCTION

Five basic types of orbits were considered for the solar thermionic flight exl)erimcnt.

a. Circular orbit with a five to three light-to-shadow ratio

b. Sun synchronous daylight orbit

c. Elliptical orbit with a high light to shadow ratio

d. Stationary earth synchronous orbit

e. Solar probe orbit.

This section investigates these orbits from the standpoint of shadow to light ratio,

communications considerations, launch vehicle requirements,and the effect of launch

delays and inclination errors; and draws conclusions regarding their suitability for a

solar thermionic flight experiment.

3.2 DEFINITIONS

Since some of the terminology employed in this section may be unfamiliar to non-specialist,

a number of terms are defined below for clarity.

ao Orbit - The path followed by a body moving in a gravitational field. Often

employed synonomously with the term trajectory, although the latter implies,

more correctly, an intersection with the planetary surface as in "ICBM

Trajectory."

b_ Circulax' Orbit - An orbit having constant distance with respect to the center of

the principal attracting body. Orbits with variable distance are termed elliptical

or eccentric.



Ce Synchronous Orbit - An orbit which has a period equal to the daily planetary

rotation (24 hours for earth). An inclined synchronous circular orbit daily

retraces a figure "8" path on the earth. SYNCOM II is nominally in such an orbit.

A synchronous circular orbit at zero inclination (in the plane of the equator) is

termed "stationary" since its orbit trace a point on the planetary surface. This

characteristic makes the circular stationary earth synchronous orbit of great

interest for communications satellites. SYNCOM HI is nominally in such an

orbit.

de Semi-Synchronous Orbits - A class of orbits having periods (the time to complete

one orbit) which divide evenly into the number of hours in one day. Ground traces

repeat dally for this type of orbit.

ee Sun-Synchronous Orbit - A class of orbits having nodal progression rate due to

planetary oblateness equivalent to the mean apparent solar rate (0.9856 degrees/

day for earth) such that the nodal axis (orbitplane, equatorial plane intersection)

remains in constant phase with the sun. When the line of nodes of the orbit is

normal to the planet sun vector, the orbit is termed daylight, twilight,or six

o'clock. A more complete definitionmust include the injectiontime of day (the

local sun time at the first North-South equatorial crossing).

f. Polar Orbit- An orbit whose plane is inclined 90 degrees to the equatorial plane.

A characteristic of polar orbits is zero nodal rate, such that the orbital plane

remains fixed in inertial space.

3-2

go Retrograde Orbit - An orbit which is injected in a westerly direction such that the

nodal axis "progresses" in the same direction as the earthTs axial rotation. A

prograde or posigrade orbit is injected in an easterly direction such that the nodal

axis "regresses. ,, A retrograde orbit may be alternately described as having an

inclination of "97 degrees" {for instance) or "83 degrees retrograde."
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Injection Time - In general, this refers to the burn-out point of the last propulsion

:stage; but, since this is dependant on the actual launch vehicle employed, a more

'convenient definition will be employed here. Injection time will be defined as the

apparent solar time (or local sun time) at the first nodal North-to-South crossing.

Equinoxes - The nodal axis of the elliptic (plane of earth's orbit) and equatorial

plane. The vernal equinox occurs in the spring around March 21 as the sun at 12

noon passes into the northern hemisphere. The autumnal equinox (about September

23) occurs six months later.

j*

k.

Solstices - The points at which the sun reaches its highest elevation ,above the

equatorial plane. The summer solstice occurs about June 22; the winter solstice

about December 22.

Shadow Cylinder - While the actual shadow formed by the earth is represented by

two cone sections termed the umbra (shadow) and penumbra (semi-shadow), for

present purposes it is deemed adequate to assume that the shadow volume is

bounded by a cylinder having an earth radius.

1. Shadow Period - The time during a given orbital revolution when the spacecraft is

in the earth's shadow.

m. Shadow Duration - Length of time when shadow is continually encountered.

nt Inclination - The angle from the equatorial plane to the orbit plane measured at

the ascending node. An inclination greater than 90 degrees indicates a retrograde

orbit; however, it is also common to quote the smaller angle (180-i) and term this

retrograde inclination.

3-3
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3.3 BASIC CHARACTERISTICS AND SHADOW COMPARISONS FOR VARIOUS ORBITS

Since the solar thermionic experiment requires a solar energy input to function, the light

to shadow ratio and shadow history of the various orbits is of great importance. These

particular characteristics influence the following areas:

a. The time in sunlight available for operating the solar thermionic experiment

b.

Co

The frequency with which the solar thermionic experiment will be subjected to

severe thermal cycling

The ,percentage of the orbit period during which the spacecraft power requirements

mustbe supplied by batteries.

The general characteristics and shadow histories of these basic types of orbits are

considered below.

3.3.1 CIRCULAR ORBIT WITH A FIVE TO THREE LIGHT-TO-SHADOW RATIO

Figure 3-1 indicates the maximum shadow period for circular orbits as a function of orbit

altitude. The maximum shadow occurs at those times of year when the sun falls in the

plane of the spacecraft orbit. A light-to-shadow ratio of five to three (1.67) occurs at an

altitude of 325 nautical miles and the percentage of time spent in shadow is 37.3 percent

of the orbital period. From Figure 3-2, which gives orbital period as a function of altitude,

the orbital period is 96.7 minutes for a 325-nautical mile circular orbit; the maximum

shadow period is approximately 37 mimltes. For cases when the sun vector is inclined to

the orbital plane, Figure 3-3 indicates the decrease in shadow encountered with increasing

inclinations.

Figure 3-4 Shows a typical sh_low history for a 325-nautical mile circular orbit with a 30-

degree inclination. An inclination of 30 degrees was selected since this permits maximum

_'4 '
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payload weight to be orbited from ETR*. In addition, a 30-degree inclination yields

favorable ground station coverage (see Section 10-VolumeIH). The shatlow historywas computed

using an IBM 7094 computer program previously developed for this purpose (Reference 3-1).

Note that the shadow period remains fairly constant over the one-year duration. No

particular significance is attached to the time of injection.

3.3.2 CIRCU LAR POLAR ORBIT

A circular orbit with a 90-degree inclination (polar orbit) yields a very desirable orbit

from the communications standpoint. Since the spacecraft passes over the poles on every

orbit, it is in range of those ground stations located near the north pole on practically

every pass. This suggests that the communications functions can probably be confined to

one or two ground stations thus greatly simplifying the data collection and handling. This

is discussed further in Section 10.4 (Volume l/I).

The polar orbit is generally obtained with a WTR launch. It can be obtained from ETR btit

this requires a dog leg launch to satisfy range safety constraints. Dog leg launches are

more complicated aCnd make less efficient use of the launch vehicle.

Figure 3-5 shows the characteristic of two identical shadow peaks per year for this class

of orbits. The maximum shadow time occurs when the sun lies in the orbit plane; this

happens twice a year. The maximum shadow period is not strongly dependent on altitude

for the range shown, nor is it dependent on injection time of day or time of year. However,

• the duration and time of initiation is dependent on all three of these factors. Figure 3-6

shows the combined effects of launch delay (0.3 hour) and inclination error (1.0 degree) on

time of shadow initiation and duration. It is apparent that initial shadow-free periods of

more than a month or two are not obtainable with polar orbits.

*Without incurring range safety problems, the maximum inclination obtainable from AMR

is approximately 33 degrees. Greater inclinations can be obtained but they require dog leg
launches.
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3.3.3 SUN-SYNCHRONOUS DAYLIGHT ORBIT

The earth is not spherical but can better be described as an oblate spheroid. If it were a

sphere, an orbiting satellite would {in the absence of other perturbing forces such as drag)

continue to repeat its trace in inertial space. However, the earth's oblateness causes the

orbit to change, and two principal motions can be identified. First, the line of apsides

(line throughflm foci of the ellipse joining apogee and perigee) rotates in the orbit plane.

Secondly, and more significant in the present context, is the motion of the line of nodes

(axis formed by intersection of equatorial and orbit planes). For an easterly launch

(inc!iv_n less than 90 degrees) the lir_ of nodes rotates opposite to the earth's a._

rotation (nodal regression), while for a westerly launch (inclination greater than 90 degrees)

the lime of nodes progresses in the same direction as the earth's rotation.

The inclination of a sun-synchronous orbit is given by:

Where:

S
arc cos (-0.4110849 x 10 -13 p2 a1"5)

p = r (_+ e) = Semi-latus rectum
P

a = Semi-major axis, nautical miles

r = Perigee radius, nautical miles
P

e = Orbit eccentricity

Figure 3-7 shows this function for circular orbits, and Figure 3-8 indicates the effect of

orbit eccentricity. From Figure 3-7, it is apparent that increasingly westerly launches

are required as orbital altitude increases. This places greater restrictions on a given

8-12
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launch vehicle's capabilities, since larger components of the earth's rotational velocity

must be overcome.

When the nodal axis of the sun-synchronous orbit is positioned in the plane of the earth-sun

vector {this plane being normal to the elliptic), a "noon" or "midnight" orbit results. Since

the sun always lies in the @rbit plane, then, a constant, maximum shadow history results,

as illustrated by Figure 3-9. The Nimbus weather satellite employs such an orbit.

The sire-synchronous "daylight" orbit has its nodal axis positioned in the plane of the earth-

sun vector at 6 amand6pm local solar time, and the seasonal geometry for this is

illustrated by Figure 3-10. The sun, in effect, traverses anangle of 23.5 degrees above

andbelow the equatorial plane during the course of a year. Note the effect of injection

time of day on the orbit's inrlination to the sun vector; this determines at which solstice the

shadow period occurs. From the figure, it appears that increasing the orbital altitude

eventually results in a condition where the orbit does not pass through the shadow cylinder

at all. There is a "continuous daylight" region, but it is found to have an upper bound

since orbit inclination begins to increase rapidly as altitude is increased; this is

illustrated by Figure 3-il. The shadow region is determined, as for Figure 3-3, where

the orbit inclination with respect to the sun vector Is , at critical solstice, is equal to the

retrograde orbit inclination i s minus the obliquity of the ecliptic (I ° = 23.5 degrees). A

region of continuc,Js daylight orbits is found to exist from 825 to 1830 nautical miles:

Since an error in inclination (I) of only two degrees results in shadow being encountered,

the attainability (in practice) of continuous daylight for periods longer than a year is

difficult, requiring very precise injection time and orbit inclination, or on-board

propulsion for orbit adjustment.

For altitudes other than the continuous daylight band, a single shadow spike is encountered

during the course of a year, as illustrated by Figure 3-12.
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The chief sources of error in establishing sun-synchronous orbits are launch delays on the

pad and injection inclination errors. The nodal axis will be initially misaligned by 15

degrees _oer hour of launch delay and will drift out of phase by up to 50 degrees per year

per degree error in inclination as shown in Figure 3-13. Figure 3-14 indicates that

inclination error can greatly increase shadow duration. Also, it will be shown in Section

3.3.4 that the time of shadow initiation can be affected significantly in some cases.

Latmch delays affect the magnitude, duration and time of shadow initiation (as illustrated

by Figure 3-15). The combined effects of an 18-minute launch delay and one degree

inclination error are shown in Figure 3-16. An earlier launch date would tend to magnify

the effects of inclination error. An initial full daylight period of six months can readily be

obtained before a shadow period is encountered.

3.3.4 MODIFIED SUN-SYNCHRONOUS ORBIT (MSO)

From the preceding discussion, a 1000-nautical mile altitude appears attractive for a

stm-synehronous daylight orbit. This altitude is well within the capability of the more

attractive launch vehicles as was shown in Section 2. This is a reasonable altitude from

the communications standpoint. However, there is a potential problem with this orbit

altitude. It is possible at this altitude, if the proper inclination is achieved, to have the

spacecraft remain in continuous daylight for a very long period of time. Of course, this

requires a,very precise orbit injection and the period over which this continuous daylight

can be maintained decreases as the errors in orbit injection increase. Although initially

continuous daylight is desirable, It would also be advantageous to introduce a shadow

period at some point during the mission life (one year) of the spacecraft. The time at

which a shadow period is introduced can be easily controlled by a slight increase or

decrease in inclination such that the nodal rate is perturbed sufficiently to induce shadow

at the desired time. Figure 3-17 illustrates the effect of orbital inclination on the time

shadow begins. The curve is almost symmetrical about the sun-synchronous inclination,

so that in effect, two daily launch window regions are exhibited. The region of lower

inclination is preferable, being less westerly and hence slightly easier for the launch

vehicle to attain.
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For the present, assume that approximately a six-month, continuous daylight period is

desired. From Figure 3-17 an inclination of 101.84 degrees will provide 5.6 months of

initial shadow-free operation. This could be adjusted in future iterations; however, a more

c_mPrehensive picture of the launch window should be sought first. This is likely to prove

quite costly in computer time, and is beyond the scope of the present study.

Reasonable three sigma injection errors will not unduly affect shadow initiation time. For

a _ 1.0 degree inclination error shadow can initiate from 4.7 to 6.6 months from injection.

For a ±1.0 hour variation in injection time shadow can initiate from 4.1 to 6o 8 months after

injection, and a +1.0 degree inclination error does not increase this period. The four

error points shown on Figure 3-17 represent, in effect, an injection error ellipse.

Injection day 330 (November 26) was chosen because it occurs approximately seven months

before summer solstice. If injection had occurred 30 days earlier, shadow would have

initiated about three quarters of a month later as shown by Figure 3-17 • (the point shown is

for 0700 hours which corresponds to the one-hour delay point for day 330). This occurs

because the solstice is correspondingly later, although the drift .has accumulated for a

month longer. Again, further studies axe required to better define this aspect.

Shadow histories for the nominal and deviant orbits are given in Figure 3-18. As expected,

as the sun-synchronous condition is approached, the shadow period and duration are shorter.

3.3.5 ELLIPTICAL ORBIT WITH A HIGH LIGHT-TO-SHADOW RATIO

in Figure 3-19.

@from

The principal advantages of a highly elliptical orbit are the high percentage of orbit period

spent in daylight and the opportunities the wide extremes in orbit altitude afford for making

scientific measurements. For example, an elliptical orbit with an apogee of 25,000 nautical

miles and a perigee of 200 nautical miles can easily be obtained with the majority of the

launch vehicles discussed in Section 2. A typical shadow history for such an orbit is given

An orbit inclination of 45 degrees was selected because it yields an orbit

which valuable scientific measurements can be made of such phemomenon as the Van
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Allen radiation'belt and the earth's magnetic field. This orbit has a period of 14 hours.

For at least 12 of the 14 hours, the spacecraft is always in daylight. However, shadow

periods can be as long as two hours which is not desirable. The range of orbit altitude

variation will allow measurements to be made across the entire Van Alien radiation belt.

Figure 3-19 indicates that it may be possible to obtain a shadow free period of

approximately two months duration. However, expected injection errors would probably

wash this out.

Shadow histories for elliptical orbits tend to be somewhat erratic in form (Reference 3-2)

due to the nodal and apsidal rates. Therefore, the shadow history givei_ in Figure 3-19

should not be considered representative fo_" other elliptical orbits.

3.3.6 STATIONARY EARTH SYNCHRONOUS ORBIT

The synchronous circular orbit in the equatorial plmm with its 24-hour period appears to

a ground observer to remain stationary. It is thus an ideal communications relay, since

fixed ground sLation antennas are possible. Relay rrl is an example of this application.

Figure 3-20 shows the characteristic shadow history for stationary earth synchronous

satellites. These results are independent of the time of day at which orbit injection occurs.

Twin peaks of 70 minutes maximum period occar in the spring and fall with about 20 days

duration. For inclined, synchronous circular orbits a similar situation exists except that

the peaks occur at the solstices. A period of almost five months in full daylight can be

obt_tined prior to initiation of a shadow period. This is considered advantageous but the

long (1.17 hours) shadow periods are a definite disadvantage for a solar thermiordc flight

experiment application.

The attainment of stationary earth synchronous orbits, in practice, is a very complex and

expensive undertaking. A simplified launch sequence is described here. A multi-stage

lammh Vehicle injects the sl_acecraft into an elliptical orbit with an apogee altitude of

3-29
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approximately 19,300 nautical miles and a 30 degree inclination. Propulsion on the space-

craft then simultaneously circularizes the orbit and performs the plane change necessary

to bring the orbit into the equatorial plane. A slight undercorrection is made in period so

that the spacecraft drifts into its correct longitudinal station. A low thrust device on the

spacecraft then serves to stop the drift and later perform station keeping as the satellite

is perturbed from its position due to the earth's elliptical shape at the equator and solar

gravitational effects.

I
i

i

I •

i

i

il_

t

To obtain this orbit, velocities considerably in excess of escape velocit)- are required.

Therefore, except for the solar probe case, this orbit has the largest booster requirement

of the orbits under consideration. Based on the results of Section 2, an ATLAS-AGENA D

vehicle is needed to achieve a stationary earth synchronous orbit.

3.3.7 SOLAR PROBE ORBIT

A detailed study of solar probe orbits has been made by the General Electric Spacecraft

Department in colmection with the NASA-AMES Solar Probe Studies. A summary of this

work is presented in Reference 3-3. The principal feature of-this class of orbits, for a

solar thermionic experiment, is the capability to achieve continuous daylight for indefinite

periods. The solar probe orbit is "also of great scientific interest. Its major disadvantage

is the large variation encountered in solar intensity throughout the orbit.

As indicated in Section 2, this type of orbit requires at least an ATLAS-AGENA D launch

vehicle, preferably with the addition of the X-259 as a third stage. Figure 3-21 indicates

the perihelion obtainable withthe ATLAS-AGENA D-X-259 and the ATLAS-CENTAUR-X-

259 launch vehicles. The ATLAS-AGENA D without the third stage X-259 can only obtain a

perihelion of approximately 0.55 AU with a 350 pound payload. To obtain the maximum

scientific return, it is essential that the spacecraft pass as close to the sun as possible.

For this reason, the addition of a third stage to the ATLAS-AGENA D is considered highly

desirable. The ATLAS-CENTAUR-X-259 is not recommended because of the priority and

availability problems associated with the CENTAUR stage.
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A typical solar probe orbit is shown in Figure 3-22. A rotating, sun-centered coordinate

system is employed such that the earth-sm_ line remains fLxed.

3.4, COMMUNrlCATIONS CONSIDERATIONS

The Deep Space hlstrumentation Facility (DSIF) and the Satellite Tracking and Data

Acquisition Network (STADAN)* represent the two ground net_,orks available for handling

the telemetry, tracking and command functions. These groined station facilities are des-

cribed in Section I0 (Volt,rim Ill).Cons[dcrin_ the ex_tentof these networks, it i_ obvious

that adequate coverage can be assured for a spacecraft in any of the orbits previously

discussed. However, it is desirable to have as few ground stations as possible involved.

This will reduce the chances of priorits'problems, simplify the operation and greatly

reduce the cost of data acquisition and reduction. It would be ideal ifthe telemetry,

tracking and command functions could be handled from one station. The spacecraft would

not have to be observed by this station on every orbit, since some onboard data storage is

possible. Of course, onboard data storage increases the spacecraft weight and power

requirements. There is obviously a compromise between the number of ground stations

required and the increase in spacecraft weight and power requirements. This trade-off is

treated in Section 10 (Volume ]TI).

Of the orbits considered, three types, the stationary earth synchronous, circular polar,

and circular sun-synchronous appear to offer the best opportunits' for operating with one

ground station. Obviously, tbe stationary earth synchronous, because of its stationary

position with respect to the earth, represents the simplest orbit from the communications

standpoint. Only one ground station is required and fixed antelma positions can be

employed.

*The STADAN network represents a recent combination of the Minitrack Stations and the

Wideband Data Acquisition Net. There are fifteen ground stations in this network.
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The circular polar and circular sun-synchronous orbits do not provKie the simplicity of

communications of the stationary earth s},nchronous orbit, but they d_ offer promise of

operating with only two (possibly one) gromld station and some data storage onboard the

spacecraft. F_ure 3-23 illustrates this quantatively. These approximate "gap '_ (orbits

not visible) curves were obtained graphically for zero minutes time in view by drawing

tangents to the station visibility ellipse from the North Pole (for polar orbits; actual orbit

traces were used for non-polar orbits). The angle from the hvo tangency points subtended

at the pole, divided by 180 is taken to be the fraction of visible orbits. This is somewhat

optimistic since the satellite may have just passed the point where its orbit plane becomes

tangent to the visfbilitv ellipse and in fact require almost another full revolution to become

visible. Subtrtmting from unity gives the fraction of orbits which are not visible, and

multiplying this by the number of orbits per day gives the gap values plotted in Figure 3-23,

which are a measure of the number of orbits in a given day when communication is possible.

Since a minimum of ten minutes of time in view is a more realisticlimitation, considering

acquisition and readout time, a corresponding gap curve was computed using an approach

similar to that described above and the results are also presented in Figure 3-23. While

the results presented in Figure 3-23 are slightlyoptimistic, they provide a simple, common

basis for comp_q_risonpurposes. Polar orbits show less gap than the sun-synchronous

class. Polar orbits above 1000 nautical miles are visible for at least 10 minutes on every

orbit, while sun-synchronous orbits are visible approximately half the time. A data

storage requirement of about six hours can be inferred for the latter case, which is not an

excessive requirement. Utilization of a second ground station located approximately 90

degrees in longitude from the first would greatly reduce the data storage requirement.

For various reasons, the remaining orbits are not exceedingly attractive from the

communications standpoint. Because of its low altitude, the 325-nautical mile circular

orbit has very short line of sight times with any given ground station. For this reason,

numerous ground stations would be required to perform the telemetry, tracking and

command functions.
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ttighly elliptical orbits offer a difficult communications problem because of their wide

variatfon in orbit altitude. The spacecraft power required for communications varies as

the slant range distance squared. Therefore, for a 200 by 25,000 nautical mile elliptical

orbit, the power required to communicate at perigee is 2190 times greater than that

needed at apogee (this assumes the same data rate). As a result, communication with the

spacecraft is generally confined to orbit altitudes near perigee or low data rates at

altitudes near apogee. Of course, at the lower altitudes, the spacecraft velocity is high

and the line of sight time for a given station is short. This coupled with the high nodal and

aspidal rates associated with elliptical orbits results in a requirement for numerous

ground stations.

For all of the orbits considered, except the solar probe class, the communication functions

would be handled by the STADAN Network (See Section 10- Volume HI). However, a solar probe

orbitwould require the DSIF Network for communications. This is considered a major dis-

advantage of a solar probe orbit because of the priorits, problems associated with use of

the DSIF Netnvork. In the 1967 to 1969 time period, the DSIF will be deeply involved with

the APOLLO Program and the chances of using these facilities for a program of this type

seem remote.

One final orbit selection criterion can be established in connection with communications.

This factor may be termed the semi-synchronous criterion. Figure 3-24 indicates the orbital

altitudes for this case. The potential 'advantage of a semi-synchronous orbit is that if a

favorable ground pattern is initially established, it will thereafter continue. The dis-

advantage is that, lackiIlg station keeping, the orbit will drift, so that extended periods of

unfavorable position will occur. For the present, it is felt that the disadvantage is pre-

dominant and semi-synchronous altitudes should be avoided. Orbits which begin to repeat

in two, three, or more whole number of days also exhibit synchronism, but the signficance

of these harmonics for the present application remains to be established.

3-37



-'_T"

_-- Z7 .<.:_ -

,!,,,-4

i,

\
\
\

\
\

--i-..

\
\

[#3

Z
©

f-'

Z
C

0
Z
C

I

,b,..?,

e-'
C
Z

k

\°

\
\

N'_II3OH- QOI_I3icI _I VJAflHO

A
..4

f/]

Z

I

k-

o

-tJ

U_

o

o

o

&
I

!

3-38

J

t



'--;- _' 7"-

3.5 LAUNCH VEI_ICLE REQUI]REMENTS

The most attractive launch vehicles for achieving the various orbits under consideration

were identified m Section 2. The results of the orbit analysis do not alter any of these

initial conclusions.

3.6 SUMMARY ANT) CONCLUSIONS

To investigate, in detail, each of the orbits under consideration would constitute a very

extensive analysis which is beyond the scope of this study, tiowever, the depth of analysis

presented here identifies the predominant advantages and disadvantages of each type of

orbit; permitting selection of the most attractive orbits for a solar thermionic flight

experiment. This analysis is also performed in sufficient detail to provide the basic

orbit information (orbit period, maximum shadow period, etc. ) needed for the conceptual

spacecraft design phase. Having identified the most desirable orbit or orbits, a more

detailed analysis will be required to better define the effects of launch window_ orbit

inclination, orbit injection errors, etc.

Although a solar thermionic experiment could be conducted from any ot the orbits con-

sidered, some are definitely better suited than others. The modified sun synchronous

orbit (1000 -nautical mile altitude and 101.84-deg-ree inclination} is considered the most

attractive orbit for the first solar thermionic flight experiment. Its major advantage is

that it permits the first phase (up to approximately six months) of the experiment to be

conducted in continuous sunlight with a shadow period being h_troduced in the latter phase.

ttaving a shadow free period initially, eliminates numerous problems* associated with

thermal cycling of the spacecraft and, therefore, maximizes the chances of conducting a

successful experiment. In addition, this orbit provides a shadow period in the latter phase

of the experiment so that the effect of dark periods can also be evaluated. This feature

*These problems are outlined in Section 6.



of the modified sun-synchronous orbit sets it apart from the other orbits and makes it a

highly desirable selection for the first flight of a solar thermionic system, h_ addition,

this type of orbit can be obtained with a low cost, reliable DE LTA class launch vehicle.

This orbit is also attractive from the communications standpoint since it appears that a

maximum of two, and perhaps only one, ground station will be required to handle the

telemetry, tracking and command functions. The only major disadvantage of this orbit

is that the 1000 - nautical mile altitude places the spacecraft in a very severe portion of

the Van Allen belt. This implie_ weight penalties associated with oversizing the shielding

the solar ceil array and perhaps shielding some of the more sensitive electronic components.

Since they have equal altitudes (1000 nautical miles) and nearly equal inclinations (90 and

101.84 degrees) the circular polar orbit is very similar to the modified sun-synchronous

orbit.' The polar orbit can be obtained with the same launch vehicle employed with the

modified sun-synchronous orbit. The communication situation is slightly better with the
f

polar Orbit since only one ground station is required compared with two (maximum - may

need onle one) for the modified sun-synchronous orbit. The major difference between

these two orbits is that the polar orbit does not appear to permit a shadow free period of

more than one or two months (sLx months can easily be obtained with a modified sun-

synchronous orbit) and a detailed study of the effects of inclination error and launch pad

holds may reduce this further. For this reason the modified sun-synchronous orbit is pre-

ferable. Since these two orbits are almost identical in all other respects, there is no

advantage to considering the polar orbit further.

Next to the modified sun-synchronous orbit, a highly elliptical orbit appears the most

suitable for a solar thermionic experiment. However, this type of orbit is considered

far less attractive than the modified sun-synchronous orbit. An elliptical orbit with a

perigee of 200 nautical miles and an apogee of 25,000 nautical miles is selected because

it is within the capability of the IMPROVED DELTA launch vehicle which affords low cost,

high reliability and maximum thermionie concentrator diameter. These altitude extremes

also allow the spacecraft to make measurements completely through the Van Allen belt.
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An orbit inclination of 45 degrees waschosenbecause this passes the spacecr_t through

interesting areas of the Van Allen radiation belt and Earth's magnetic iJeld. The major

advantageof the elliptical orbit is the long period and high light to shadowratio. The

selected orbit has a period of 14 hours, of which 12or more are always spent in daylight.

Thus, long light periods are provided for operation of the solar thermionic experiment

and the long orbit period reduces the number of thermal cycles (approximately 625 light-

dark cycles per year). It appear,_that a initial shadowfree period of two monthsmaximum

might be obtainable, but inclination errors and launch pad holds would probably reduce or

eliminate this entirely. The maximum two-hour shadowperiod is not ¢:esirable since the

power requirements during the dark mustbe supplied by rechargeable batteries which

implies significant weight penalties. In addition, the lengthy dark period may cause

thermal control problems.

Of the five basic types of orbits considered, the 325 nautical mile circular orbit is ranked

third in order of preference. Actually, this orbit is not attractive for this application but

as described below, it is more suitable than the stationary earth synchronous or solar

probe orbits. The 325 nautical mile circular orbit has no significant advantages other

than it can be achieved with any of the launch vehicles considered. Of course, this means

a DELTA class vehicle could be used which aifords low cost and high r(,liability, tlowever,

this orbit has nu_erous disadvantages. First, it makes very inefficient use of any of the

launch vehicles that might be used because they all have significantly greater boost

capability than this type of orbit requires. Since a 325 -nautical mile circular orbit has

a short period (1.61hours)the spacecraft will be subjected to considerable thermal cycling

{approximately 5450 light-dark cycles in a one year period). This short period also means

that the "line of sight" times from ground stationa is very short. This necessitates the

use of numerous ground stations to handle the communication functions. Finally, the

325"nautical mile circular orbit is of least scientific interest since, relative to the other

orbits, more scientific measurements have been made in this altitude range.

The stationary earth synchronous orbit has two major advantages. First, it provides a

significant (five months)shadow free period and secondly, because of its fixed position
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with respect to the earth, all communications canbe _,andledfrom one grotmd station. In

spite of these two highly 4esirable features, the stationary earth synchronous orbit, pri-

marily because of the complexity and expense associated with establishing and maintaining

it, is not considered attractive for the first solar thermionic flight experiment. This orbit

also has other disadvantages. It requires an ATLAS-AGENA D launch vehicle which,

compared with the other boosters considered, is expensive and has relatively low reliability.

Since shadow periods of 1.17 hours duration are encountered, significant weight penalties

are expected in connection with th_ rechargeable batteries necessary to supply the power

requirements during shadow. These long dark periods are also likely to create thermal

control problems.

Finally, a solar probe orbit is not considered suitable for a solar thermionic experiment.

This orbit does offer an opportunity to conduct the thermionic experiment in complete

sunlight and to perform important scientific measurements of solar phenomena, but the

disadvantages far outweigh these advantages. The major disadvantage of this orbit is the

large variation in solar intensity encountered between I AU and 0.3 AU. This variation

is shown in Figure 3-25 and amount to a factor of 11 to 1 between 1 AU and 0.3 AU. This

large difference in available input energy presents a difficult control problem for both the

thermionic experiment and the spacecraft solar cell power supply. The varying solar

intensity also presents spacecraft thermal control problems, hi addition, this orbit has

numerous other disadvantages: (1) it does not allow the effect of shadow periods to be

e_aluated; (2) it requires an unproven, expensive and relatively unreliable launch vehicle;

(3) it requires the DSIF Tracking Network which probably means priority problems; and

(4) the spacecraft design is complicated by the need for a directional antenna.

In summary then, of the five basic types of orbits considered, the modified sun-synchronous

orbit (1000 - nautical mile circular orbit with an inclination of 101.84 degrees) is considered

the most attractive for the first solar thermionic flight experiment. The highly elliptical

orbit (200 - nautical mile perigee by 25,000 - nautical mile apogee with an inclination of

45 degrees) and the 325 - nautical mile circular orbit (30-degree inclination) represent the

second and third orbit selections respectively. The latter two orbits are considered far

less attractive compared to the number one selection.
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SECTION 4

SOLAR TttERM1ONIC SYSTEM PERFORMANCE

4.1 INTRODUCTION

This section establishes the solar thermionic system performance on which this study was

based. "..he performance estimates presented are considered achievable for a 1967 flight (late.

For the mission analysis phase, these performance estimates were used to determine the

generator power output as a function of concentralor diameter. Concentrator diameter was

then directly related to launch vehicle fairing diameter; thus, defining, for a given launch

vehicle, the maximum ;'enerator power output. Since a study ground rule required the

thermionic generator to produce a minimum of 100 watts, this information was necessary in

selecting the launch vehicle.

For the purpose of making performance estimates, the solar thermionic system was treated

in three major parts: (1) thermionic converters, (2) generator structure, and (3) solar concen-

trator. The performance for each of these components is presented in the following sectio,as.

4.2 THER_nONIC CONVERTER PERFORMANCE

The performance of the thermionic converters depends heavily on the operating temperature

of the emitter. In this stud),, an emitter temperature of 2000°K was selected for the following

reasons.

a.

b.

Most of the existing life data on hardware converters has been obtained at 2000°K.

The performance ofthermionic converters increases with emitter temperature,

however, prolonged operation at temperatures in excess of 2000°K are known to

cause excessive grain growth in the emitter structure which is considered objection-

able. Also, at higher cavity temperatures, the attendant decrease in cavity absorber

efficiency tends to nullify the improvement obtained in converter performance.
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.'dl ('(reverter t_'rtormance in the study is t)as(,d (m a 20U_l°N emitter temperature unless

(,tJ_t_ rwise spceitied.

4.2. 1 SE LI"CTI(,N OF EMITTER MATERIAL

Based on poxver _tensity, rcpr_×-tueibility, audpcrformzmce stability; tantalum and rhenium repre-

sent the most attractive emitter materials at iarosent. A comparison of these materials follows.

4.2.1. _' Thcrmionic Performance

i h( * scloction of 2000_)K as the emitter Ol_:ratip.;; temperature makes it attractive to

operate at as close a spacing as possible, the minimum value being determined by

reliability considerations. State-of-the-art converters, namely the Solar Energy Therm-

ionic series VIII and lE-100's (Advanced Solar Energy Thermionic Converter), operate

at nominal values of spacing of two and one mils respectively. Reasonable life testing,

of the order of 3000 hoursfof continuous operation, has been accomplished only on

converters with two rail spacing; although no difficulties have yet been encountered

on one rail converters. It is because of the considerat)ly larger amount of ext_rience

on two xnil converters that the recommendation is made her(' to operate at a value or"

intereh:ctrode spacil_g of two mils.

At this value of spacing, the difference between the best performance obtained in tantalum

and rhelaium converters is small. Fig-are 4-1 shows the performance of converters VI-S-15

and VIII-F-3 which arc those that have exhibited the best performance to date and which have

a tantalum and rhenium emitter respectively. These converters have different collector

materials, these being tantalum and molybdenum respeetivoly, tIowever, this differenee can

be neglected, as demonstrated by specific tests on tantalum and molybdenum collectors.

4.2.1.2 Performance Ilepr(xtucibil'ity and Smbilitz_

VChile the performance levels obtained in the best rhenium and tantalum converters are not

materially different, there is considerable difference in both. the reproducibility and the

stability of converters made with these emitter mater,als. "Fable 4-1 shows the performance

levels achieved in different converters as measured by Thermo Electron Engineering
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(TEECO) and JPI.. Because of minor differences in emitter temperature

measurement techniques, it is not always possible to make" a direct comparison between the

data measured at the two locations. However, the trend of output variations observed from

converter to converter by TEECO and JPL is quite consistent as indicated in Table 4-1. Also,

it is apparent in _he table that the better the performance, the more difficult it has been to

reproduce it. In particular, it may be seen that the performance of VI-S-15, presented in

Figure 4-1, is unusually high and has been seldem reproduced. .Mthough only four rhenium

converters are listed in the table, it is seen that except for one there is reproducibility

within 2_ 1.5 percent, as compared to a typical value of : 15 percent for tantalum converters.

Converter VIII-P-2b, which does not follow the trend, has been examined and found to have

had a contaminated emitter resulting from the ase of different fabrication techniques which

have since been aban(toned.

I -

Ii

!

!i

As far as performance stabilityis concerned, the lack of standard degradation measurement

techniques has made itimpossible to gather meaningful records of co_verte,- stability. The

overall experience may be summarizcd as follows:

a.

b.

4.2.1.3

Tantalum converters need to be fabricated with exceeding care to avoid performance

degradation. Highly refiwed techniques for cleaning of parts, outgassing and cesium

charging have been developed to solve tile problem of perf,_rmance degradation in

tantalum c(mverters. The solution has been marginal, because in certain other

prot0_.p2s degradation has still been observed in spite of the use of such techniques.

The "rate of degradation is usually of tim order of 0.1 to 1 percent per hour of

operation, and this rate continues until the output is approximately 1/4 to 1/2 of the

'initial value at which point the performance levels off.

'Rhenium converters do not appear to display any degradation. Of approximately 16

converters fabricated to date with rhenium emitters, using standard converter

processing techniques and which have been tested for 80 hours or more, none have

displayed output variations indicative of a performance degradation problem.

Other Comparison Criteria

Table 4-2 fists other desirable properties for an emitter material as well as, indicating

of the two materials considered possesses these properties to a higher degree. TheI
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Table 4-1. llet)ro(hwibility of Sola: Energy Thormionic _;(m\crtt:_ Pcrh,rmanee

em 2(Emitter Area = 2 )

Tantalum Conve rters

Output Current at 1.0 Volt,
Emitter Temp = 1700°C

Current

Converter

Ya

Vb

Vc

Vd

7007-2

VI-S-I

VI-S-2

VI-R-3

VI-S-4

VI-S-5

VI-R-6

VI-S-7

VI-S-8

VI-S-9

VI-S-10

VI-S--11

VI-S-12

VI-S-13

VI-S-14

VI-S-15

VI-S-16

VI-S-17

VI-S-18

VI-S-18

VI-S-19

VI-S-20

VII-S-4

VII- S-5

VII-S-6

VII-S-7

VII-S-8

VII-S-9

VH-S-10

VII-S-I 1

VII-S-12

Measured at

TEECO(AM-PS)

13.0

11.5

12.5

13.2

12.0

12.2

12.4
12.4

12.4

11.7

12.4

12.8

12.6

14.4

13.8

15.0

15.0

15.0

14.5

14.6

15.0

18.7

13.5"
14.0

16.9

19.1"*

18.0"*

14.4

13.0

15.5

12.0

12.0

17.3

17.4

Current

Measured at

JPL(AMFS)

10.0

17.5

17.1

19.5

20.6

16.6

20.5

25.0

12.6

11.5

11.1

12.1
8.1

9.7

14.3

12.9

Rhenium Converters

Output Current at 0.8 Volt,

Emitter Temp = 1700°C

Conve rte r

VIII-P-1

VHI-F-2a

VIII-P-2b

VIII-P-3

Current

Measured at

TEECO(AMPS)

47.2

47.8

25.6

48.5

CurFent

Measured at

J1 _ L (AMPS)

46.9

50.3

Notes

*Measured at 1.0 volt, 1655°C Emitter Temperature

**Measured.at 0.8 volt, 1655°C Emitter Temperature
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i'atfle t--2. Comparison of Rhenium and T:mtalum as Fruitier Materials

i )¢ n i : _:_i P :',)1 )c _'t y itil cn iu m T :mt:, l:i rn

' ttigh thermionic performance

tligh reproducibility

I_aw degradation rate

Low required cesium pressure

lligh thermal conductivh_y

Low thermal emissivit-3.

Low vapor t, ressure

Low affini_,- for trace vacuum imtmrities

High hot s:_'ength

Ease of fabrication

Lo_" ratx_ of grain gro_th

I_ _

B

B

B

B

B

B

B

B

B

U.

Notes

*Indicates the material which best provi(,es the desired property.

criteria presented in this table do not le'ad to sigltific'mt evidence for selection of one or

the other of the tw) materials. The choice must thc n i}e made based on perfl)rmance level,

reproducibility, and stability and f()r the present state ()f the art, rhenium is (tcfinitelv

superior to tantalum.

4.2.1.4 Conclusions

The preceding discussion leads to the conclusions that, for the purposes of this study,

rhenium be chosen as the emitter material and that the nominal value of interelectrode spacing

considered be two nails. The arguments to substantiate these choices are not very extensive

because of the limited amount of state-of-the-art information: but they are judged nonetheless

to be sufficient, and forthcoming tests on the new Solar Energy Thermionic series VIII

converters are expected to strengthen them by further establishing the ability of rhenium

converters to reproduce high, stable levels of performance consistently.
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4 2. ') ESTIMATEI) CON\ERTER PERFORMANCE

Having selected rhenium as the emitter matvrial, an emitter operating t_:mperature of Z000°K,

and an intereleetrode spacing of two mils; the converter performance as a function ot emitter

area can be calculated. It is necessary to present the converter performance a_ a function

of emitter area because the final emitter area cannot be determined until a launch vehicle is

selected and the maximum diameter solar concentrator defined. The data given in Figure 4-1

was used as the basis for these performance calculations. This reference converter (TEECO

VIII-P-3) had a rhenium emitter, a two rail interelectrode spacing, a lead resis:ance of 1.61

millivolts per ampere, an emitter area of two S_luareccntimcters, and the mea,;ure,iwr-

formance was obtained at an emitter temperature of 2000°K. Therefore, the reference con-

verter exactly malches the opt, rating point selected for use in this study. The effect ol

varyin_ the emitter area on the performanc_ of the rel('rence converter is calculatc, d in ihe

following sections.

4.2.2. I Converter Losses

In order to estimate converter efficiency itis necessary to calculate the converter losses.

The procedure used to calculate these loss('s is presented below.

ao Inte relectrode Radiation

The inte.-'electrode radiation is calculated assuming an emitter temperatu_'e of

2000°K, a collector temperature of 1000°K and emissivities for these surfaces of

0.25 and 0.40 respectively. The somewhat high value chosen for the collector is

intended to make allowance for the possible formation of a thin absorptive coating

on the collector; which is usually obsem'ed.. The value of 0.25 chosel_ for rhenium

is lower than the 0.30 value at 2000°K reported in Reference 4-1. Tht_ reasoi_ for

this is that the authors of the referenced article describe their sample as having a

matte finish, a description which would not seem to apply to rhenium thermionic

emitters which are usually quite shiny. For reference, the emissivity of tantalum

at 2000°K is 0. 232 and that of tungsten, at the same temperature, is 0. 259 (Ref-

erence 4-2). Using the formula for radiation heat exchange between parallel plates:

qr

(_ (TE4-.Tc 4)

1 1
+ _-1

¢ E EC
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The calculated value of intcreleetrodv radiation is:

,)

q : 15.5 watts,em-.
i"

1)o Cesium Conduction

The heat transfer I}y cesium conduction in thcrmonie eonvcrters has been the sub-

jeet of a special research effort b, S, Kitrilakis and M. Meeker {Reference 4-_]).

Thest, investigators have arrived at the empirical equation:

m &'l" x 1000
H : .... -- ..................... ,

2.5(t -_ 1.15 x 10 -2 (I't::+Tc)/' 1)

,,_hieh is used t,) t.valuate the heat transfer at allpossiblc values of spacing, cesium

condensation pressure, and electrode temperature difference, in this expression
If

the high-pressure eonduetivity of the gas, m' is expressed in watts em-°K, the

temperature differenee, _T, is in OK, the intereleetrode spacing, d, in mils, and

the condensation pressure, p, in millimeters of nlercury. The value of >. is
m

relatively constant for usual thermionie converter operating conditions. Arithmetic

Spot checks indicate that the cesium conduction equation can lm simplified with a

minimum of error by assuming for m the' value of G. 11 x 10 -5 watts/cm-°K and

for (T E _ T C) a value of 2,_)30°K. The empirical equation then siml)lifies to

0.02.t4 & l"
H ............. .

d ' 13.5, p

C.

Figure 4-2 shows this simplified _,quation plotted assuming a value for A T of 900°K.

In the ease of this study, the AT value is expected to be 1000°K, and thereIore the

heat transfer flux given by Figure 4-2 shoul(I 1)e inereased by 11 percent. Assuming

that the converters are operated at a reservoir tern_.'rature of 630°K (as suggested

by Figure 4-1) the cesium conduction predicted by Figure 4-2, with the appropriate

z', Teorrection and for an interelectrode spacing of two mils, is:

,)

qcs :: 6.4 watts/cm .

Electron Cooling

The electron cooling loss of converter VIII-P-1 was measured experimentally and

is given in Figure 4-3. "llfis is believed to bc the best available data on electron

4-8
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cooling for conv,,rlers operated at 2N()() (>K ,vith a t'h,,lli)!m cmitl,c. In l,'i_ure 4-3,

it is noted that the value' oi" the (,leelron c,),)lin_ l():,s is 2.47 _atts )>or ampere. The

ct.sium reservoir l(:mperature tot Figure -t-::' was in th(' x-ici_ity ()f (;70°K. (.)pera-

rink at a (liffcrt:nt res(,rvoir lemt_'rature wouhl t(_mdt()ch'ml_e the eleclr(m coolin_

value because )he emitter w,)_l functio)z depends <)n cesium pressure. ]'l.,is depcnd(:nce

is _iven m Figure 4-4 (taken from Reference 4-4). it can I)e seen that the value of

2..t7 watts tx_r ampere tt[ GT0C)K falls sli_)Hly })el,)w the 2.54 cv value of emitter work

function at Ihis reservoir temperature. Thi:s is c(mtrarv :o thoc_l'y iD that the

electron cooling per ampere would 1_ ext)('ctcd to htive a value slightly in excess of

the enu/t(,r work function. The discret,ancy is probably due to edge eftects t)y the

emitler s'q)t,ort sleeve of VIII-I-1. "_'Lr, lemperaFurt: of this clement is below tim

t_mitter tetnpcrature, cons('quently it g('ts coatc(] with cesium to a_4rc.lter extent

than the _-mitter m_d has a lower work function. In this study, the ,_lectro'l cooling

per amp(:rt_ will b(: assuiued equal to th(' omitter work fullction as givt, ll by Fi_,mre 4-4.

The eorr(.sponding values are listed in Table 4-3 and plotted in Figure 4-5.

5C

#

X"

L

.=

:{;if)

I()

_>7)

.-,()

L: '; 0

_I_)

.,x.VKI,_-_(IF ('t'Rt_I::NT- ±\Mt)ERES

Figure 4-3. Measured t_ow.,mrdment Power Input vs.

Average Current for VIII-P-l Converter
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d. (:,md_!etip!_ and .\'_i!age. DroAz

The emitter sleeve the.final conduction loss amt \olta_e drop are generally dep_mdent

on the size' of the converte,- and on the geometry of the sleeve. For a sufficiently

large converter it would be l_)ssible to optimize the geometry so that the heat loss

per ampere of output current and the voltage drop become independent of size.

However, the converter sizes considered in this analysis are two small to meet the

size requirement for optimization " and therefore for the purpose of making perform-

anet, estimates in ttkis study, the basic sleeve geometry considered is that of converter

VIII-P-3. This choice is logical since VIII-P-a ret,resents the most advanced state-

of-the-art converter and it has an emitter area el two square centimeters which is

close to the size required for this application. IIowever, one change is made; the

wall thickness of the thin sleeve considered is 0. 0025 inches instead of 0. 0030 inches.

Although sleeves have been made sm:dler than 0.0(J25 inches, this value is considered

to be the minimum value eonsislz'nt x_fith good strength and reliability characteristics.

Appe_dix :\ shows the details of the assumed geometry and the corresponding

calculations. For an emitter diameter of 1.60 centimeters(two square centimeter

area), the losses fotmd are:

qL _ 4.q.a wat',s

AV L = 1.9a milliv_dts amlmr, '*_

The analysis shows that for other emittc'r diamet( rs, the heat loss _ill be linearly

proportional to diam__,ter and the voltage drop will increase in inverse prot_ortion to

the diameter. Table 4-4 shows the resulting values for different emitter areas.

*This statement cannot be subskmtiated without a calculation based on ideal elfieieney which
shows that even for the largest converters considered, the emitter sleeve losses are such

that increasing the sleeve thickness over the value of 0. 0025 inches increast._s the losses.
The reader can use the values of ideal efficiency ealeulated laler in this report toverify
that for all practical outputs and converter sizes an increase in slee.ve thickness increases
the heat conduction to a greater extent than it reduces t]lc heat equival, mt of the electrical
power loss in the sleeve.

**For a sleeve thickness of 0.003 inches, this value would I×_' 1.61 my/amp which is

the value given at the beginning of Section 4.2. 2.1.

III I
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Table 4-3. Electron CooLing l.oss at 200()')K

TR, OK TET R 0 E, ev Jo' A, cm 2 (te Watts/cm 2

618

637

641

652

657

3.24

3. 14

3.12

3.06

3.04

2.88

2.74

2.71

2.63

2.60

14.5

19.5

24.5

29.0

32.5

41.x

53.5

66.5

76.3

_4.5

Table 4-4. Emitter Sleeve tleat Loss and Voltage Drop

(Sleeve Thickness - 0. 0025 inches)

,) ,)

A E, cm _ DE,Cm QL' Watts qL' Watts/cm- VL, mv/amp

1.0

1.5

'2.0

2.5

3.0

1.13

1.3_

1.60

1.78

1.96

34. b

42.5

49.3

53.0

60.4

34. S

28.4

24.7

22.0

20.1

2.73

2.24

].93

1.73

1.5_

4.2.2.2 Converter Performance at Pe:_k Power

Figure 4-6 gives the electrode power developed by rhenium converters of the series VIII

type. This is the same curve as that of Figure 4-1except that the voltage is now the voltage

at the electrodes. The voltage at the electrodes was obtained by adding to the output voltage

of VIII-P-3 the voltag_ drop in the emitter sleeve at the various currents eorrespomting to the

conditions given in Figure 4-1, assuming a resistance of 1.61 millivolts per ampere.

Figure 4-6 also gives the output power curves for converters with the emitter sleeve resis-

tances listed in Table 4-4. The values of voltage drop calculated for the curves of Figure

4-6 are listed in Table 4-5. The following example illustrates the cMculation procedure

used:
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then

'\ E
_.)

2. _I cm-

II :: 1.93 my A
L

J

o

I ;_

o

and & V L:-

Select 24.5 A/cm',

24.5 x '2.0 : 43.0 :,mperes,

1.93 x 49.0 95 milliw)Its.

This current denmty corresponds to an electrcde voltage

and

V : o. ,_7(.)Volts. then
e

V = 0.879- 0.095 = n.754 volt,
o

P = 24.5 x 0.7_4 19. '2 watts_em.

The cur_,es of Figure 4-6 show that for the range of emitter areas considered, peak power

is always achieved at 0.7 volt output. The corresponding power and current densities can

t_. deduced from Figlare 4-6 and the electron cooling data of Figure 4-5. Adding the other

converter losses calculated previously, the converter efficiency can be calculated as a function

of emitter aFea. These values are given in Table 4-6 and the more significant ones are plotted

in Figure 4--

4.2.2.3 Convcrt(,r Performance at Ft..'_l_ Efficiency

Following the same calculation procedure outlined previously, the efficiency may t_ calculated

at other converter voltagt,s and the point at which the efficiency is maximum determined.

The results of this calculation are presented in Table 4-7 and plotted in Figure 4-8.

4.3 GENERATOR PERFORMANCE

The Generator efficiency is defined by:

Generator Power Output

g Net Energy Available in the Ca_dty
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Table 4-5. Lead Voltage Drop and I'ower 1)casity for

Various Vollages and Emitter Arens

RL, mV/A

1.0
2.73

1.5

2.24

2.5

1.73

3.0

1.58

V e

.

0.

0.

0.

0.

1.

0.

0.

0.

0.

.

0.

0.

0.
0.

.

0.
0.

0.

0.

volts

046

963

879

793

705

046

963

_879

793

705

046

963

879

793
705

046

963
879

793

705

9

Jo' A/era"

14.5

19.5

24.5

29.0
32.5

14.5

19.5

24.5

29.0

32.5

14.5

I° ,amps

14.5

19.5

24.5

29.0

32.5

21.7

29.2

36.7
43.5

48.7

29.0

VL, volts

.039

.053

• 067

.079

.089

.048

.065

.082

.097
• 109

.056

Vo, volts

.

0.

0.

0.

0.

.

0.

0.

0.
0.

.

007

910

812

714

616

998

_98

797

696

596

990

1. 046
0. 963

0. 879

0. 793

0. 705

19.5

24.5

29.0

32.5

14.5

19.5

24.5

29.0

32.5

14.5

19.5

24.5

29.0
32.5

39.0

49.0

58.0

65.0

36.2

48.7

61.2

72.5

81.2

43.5

58.5

73.5

87.0

97.5

.075

.095

.112

.125

.062

.084

.106

.125

.140

• 069

.092

.116

.138

.154

0.888

0.784

0.681

0.580

0.984

0.879

0.773

0.668

0.565

0.977

0.871

0.763

0.655

0.551

watts

14.6
17.8

19.9

20.7

20.0

14.5

17.5

19.5

20.2

19.4

14.3

17.3

19.2

19.8

18.8

14.2

17.2

19.0

19.4

]8.4

14.2

17.0

18.7

18.9

17.9

,2
C In -

Table 4-6. Converter Performance at Peak Power

(V ° = 0.700 Volts)

%AE 'cm2 P watts/cm2 Jo' A/em2 qe' watts/cm2 Lq, watts/cm 2 r_pp, :i

1.0

1.5

2.0

2.5

3.0

20.7

20.2

19.8

19.44

19.0

29.6

28.8

28.2

27.7

27.2

78.0

76.0

74.9

74.0

72.0

134.7

]26.3

121.5

117.9

114.0

]5.4

16.0

16.3

16.5

16.7
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The net energy available in the cavity is defined as the energy ent_,ring the generator aperture

minus that energy lost by reflection and re-radiation back ,_ut the ca_ity opening. H black

body radiation is assumed to closely approximate the sum of the reflection and reradiation

losses the above equation can be expressed as:

t )

__ -- g "

_T 4bg Qin -Ao

where A o is the aperture area and T is the cavity temperature. Based on the solar test

results from the Cavity Vapor Generator Frogram (Reference 4-5) the black body radiation

assumption is a good approximation for the total aperture loss.

The term Qin-Ao cr T 4 represents the energy available in the cavity for use by the thermionic

converters plus that lost as thermal energy through the generator insulation and structure.

Therefore, the efficienc_ of the thermionic converters multiplied by the thermal efficiency

of the generator insulation, also, yields the overall generator efficiency. The thermionic

converter efficiency is available from Section 4.2, but it is difficult to estimate the thermal

efficiency of the generator insulation before the generator design has been layed out. However,

exI_erience _Sth recent four converter generator designs such as JG-3 indicate that the

generator efficiency can be approximated by

r_g=0.7 r_c,

where D is the converter efficiency. This equation is used to express the generatore

efficiency for the purpose of these system calculations. The thermal losses will be estimated

when the generator design is established to check the validity of the above expression (see

Section 8.4.1-Volume III).

4.4 CONCENTRATOR-ABSORBER PERFORMANCE

The major concentrator performance parameters of interest are net energy available in the

generator cavity as a function of concentrator diameter, and the concentrator-abosrber

efficiency.

4-21
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In this s_udy concentrator-absorber ('fficiencv is defined b,,

Net Energy A_ailable in Cavity (Qn)
:: ...............................................

rJca Coneentralor Proiected Are'i (:\ci x S,:d:irIntensity (,S}

Therefore, the reradiation and reflection losses out of the generator awrture ar,, included

in the concentrator-absorber efficiency. Also, in determining the netencrgy availal,l-, in

the ca_ity, the misorientation effects are included.

4.4 1 ASSITMED CONCE. TLATOII PAI{AMETERS

]'he assumed parameWrs from which the eoncen,rator-absorbcr t_.rformance is calculated

are listed below.

0

a. Solar intensi_" of 130 watts, ft" (1 AU)

b. Thermal distortion of the concentrator is assumed to be either zero ,,c to be

compensated for in the design

c. The concentrator surface reflectivity is '._fJ pcrcet)t

d. The eonc,,nlrator geometric errors are assumt_d to occur only in the r:,dial plane

and not in the circumferential direction. The geometric errors are assumed to have
,

a gaussiml distrilJution centered about zero error with a "{ o value equtd to 12

minutes*

e. ]'he area l_lockage Iactor is five p:_rcent

f. The orien;ation angle error is assumed to be six nlinutcs and invarient _-ith time

g. The absorber, l__,haves as a l_lackl,ody cavity having an emissivity, and al_sorptivity
O .

of 1.0 witi_ a temperature of 2(I00 tx

--*i-or is defined as the geometric slope error which is not exceeded ow'r 68.3 percent of the

area. 3 cr is the geometric slope error which is n(,t exceeded over 99.7 [mreent of the area.

4-22
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t

h. The concentrator-absorber performance was computed l,_r rim angle values of

45 and 60 degrees.

Assumptions c through h are discussed in greater detail in the following sections.

4.4.1. 1 Reflecti_ity_

Only two pure metals, aluminum and silver have reflectances high enough for solar con-

centrators. It is also possible to obtain high reflectance using multilayer interference filters

of alternating metallic and dielectric materials, but they are beyond the present state of the

art. Vapor deposited aluminum or silver on optically smooth substrates will _eld reflectance

values in the S8 to 93 percent range over the total solar spectrum.

A concentrator reflectivity value of 90 percent was assumed for this study based on the results

of recent (March 5, 1965) reflectivity measurements made by the General Electric Spacecraft

Department on Liberty Mirror Coating 747. General Electric supplied the Liberty Mirror

Division of the Libby-Owens-Ford Company with six two-inch by two-inch samples of electro-

formed nickel, 15 mils thick. * These samples were coated by Liberty Mirror with their

747 aluminum coating and returned to General Electric. The samples are shox_a in Figure

4-9. The reflectivity of each sample was measured using a Bechman 24500 reflectance mtit

(Model DK-1).

The measured total reflectance, over the solar spectrum, for the six samples is given below.

Sam lp___ Total Reflectance

1 0. 896
2 0. 904
3 0. 904
4 0. 901
5 0. 907
6 0. 907

The specular reflectance as a function of wavelength for Sample 5 is given in Figure 4-10.

This plot is representative of the measured results on all the six samples.

*This is the same substrate proposed for the parabolic solar concentrator surface (see
Section 8.3.1-Volume Ill).

4-23



I-.-

U3 z CO

_z "_

Z--J _

E3 _

wrr
_0

on"
I

.--IW

W _.1

_0
0") r...)

4-24



_'h Z :L:

i

,....¢

Z

:..%

-...4

i

7¸

:L

4-25



tl

)]nlefKl'atiilK the ourv(, ovc>r the range from zero to tci_ l_icro:_.s gave I}io !()tal l'clieetanc_, value

of 0.9(17 shoxvn above. Fo:" comparison pUl,]lOSl_'S, tile Su!I'S cnt'rgy spectrum in space (tit 1

At _) is given in t.'iKure 4-11.

On the basis of th(_se measurements a refieetivity value of 90 perce, nt appears to t)¢- a reason-

able assumption.

4.4. 1.'2 Geometric Errors

Optical instx, etioi_s of fabric:ttcd concentrators have (!emonslraled that the largcst geometric

=;rrors generally occur in the radial rather tha:_ tn(, circumferential direction. The r:tdial

and ciFcumferenti_;i error nom(,nt_lature is del!,l,_d in Figure t-12. This is t)articularly true

of concentrators formed b,, the sl)in-cast-elec<roJorm method. Ix_ addition, :ircumferential

errors have a sm'dler effect on concentral;or-al,sorber efficieney than do radial errors of

equal magnitude (Reference 4-S). For tht_sc r,,;_sons conc_ntrator-absorber ,Jcrformance

can be closely approximated neglecting the circumferential errors. This is very fortunate

since assuming errors in only one direction gre',,t!y reduces the cost of analyziag concentrator-

absorber performmme with existi_rg computer pxOgCalSlS. *

Also, through optical inspection of fabricated concentrators, it has t,een estalished thzttin

most eases the geometric error distribution is closely at,proximated by a (;aussian distri-

bution (References 4-6 and 4-7). An cxample of this is giw.,q in Figure 4-13 (taken from

Reference 4-7). This data was measured l;v NASA Langley Research Center on a five-foot

diameter, stretch-formed aluminum eoncentrat,._ (S N-2) fabricated by the 'I'APCt_ Division

of Thompson-Ramo-Wooldridge. This parabolic eoncentral.dr was made from aluminum with

a 16-rail skin thickness. Dr. Sehrenk of the l)niversity of l-'ennsylvania has made an extensive

statistical study of geometric errors in the TAI-CO S/N-2, and S/N-4 concentrators. Only

a limited amount of Dr. Schrenk's work in this area has been published but it should be

available in the near future. The validity of assuming that the geometric errors can be

approximated by a normal distribution was discussed with Dr. Sehrenk and based on the

results of his work on the TAICO series _f cone,_'ntrators this appears to be a reasonable

assumption.

*Because the coneentrator-absorher performance can be closely approximated by considering

only radial errors, most of the existing computer programs will not handle circumferential
errors.
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ELEMENT

PAILA lqOL1C SOLAR (?(_:;(?ENTRAI'OR

-M()VEMENT O1" N()t{'_I.\I. IN

FI]!S PI.ANE I{EI_I{EbEN'I'S

CIRCU MF El{ EN'F1. _ I, Et{I{()t{ N()REIA i, TO FI{UE

PAI{AI_OLIC SUI{F.\C E

\
EI,I<31EN 1"

Figure 4-12. Definition of Geomeh-ic Error Nomenclature
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Ref('t'eneo 4-.9" ,'l.luJ the rt-s,ilte :tic sl_,pvr, lil} Ir'_ULL- _ 1-t. ii_i:5 Ctii'\t :{.q_q.;llIt.'b Zt'l't_ l)l'icIi-

tation err(N'. For the FIILIgC COVCIcd, _.i:(' c_;!_,ct,lt_.dat()r-:_l,v;ol-}:{_I • (qlJ(.'i#llCV _tlD}.)b; al,pccJxi-

mately 2.5 pt'rccn! ,xJth,ach fi_e mip_ut¢ incl'e:ts_ iq tla, ;i.c.-_, , , ,.:l[c.e el g(_omctrie error.

*The study eor_dtlcted in Rct(,re:_ee -;-!, was ',):iu,-,_ o,_ t.,, _:tm_ assump:,_,_,s ai,d _'mployed

t}l(_' balTIC C OI)?])UI__' _." pr¢)gram fvr calca }al m_.' th,.' cq,.,c,.nI cac _,1" - :thsor ,t. c ._)Ol'fOg [YlalICC'

that was usc(t in lhi_ shl,l.y.
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Figure. 4-14. Converter-Absorl)er Efficiency vs. Conc(mlrator (;eomctric
Error for Zero-Orientation Error

4.4. 1.3 l}!_9cka_e Factpr

The blockage factor is defined as the pcrcen',a.gc of c(mc(.'_irat.,r p',',,;jcctc,,! st, rlae,:, ar,,a

shadowed l)y the thermionic gent, l'ator and the ,<cneralor sul,porl arms. Experience with

thermionic syslems which have been built and tcsWd (._,,lar l,_n_.rRy Th(,rmi()nic, STEI:S I

and STEI:S I1} in(iicat(, that a ])hmkagc factor of five t0erccnt is Iyt)ical.

4.4. 1.4 Orientation Error

Solar thermionie system performance is very sensitive toori(mtation error. Since the

absorber cavity operates at such high temperatures any incre:lsc in Iho aperture diameter

yields a si_,mifieant increase in the reradiation loss from the cavity and subsequent decrease

in the system efficiency. Therefore, thegrcater orientation error the system is designed for,

the larger the resulting optimum aperture diameter will be, and lht, lower the system efficiency.

,_ study of the effect of misorientation on eoncentrator-al)sorbc_r (.flicicncy was conducted

in Reference 4-9 and the results are shown in Figure 4-15. This figure indicates a decrease
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ill coneuntrator-ahsort_cr efficiency of ov,_r a',_ p,.rc:,.,_t Jn ._oing frc, m t_ t_, i 2 minutes mis-

orientation f,)r a geometrically tJerfcet c,mconlrat,_w. ]'hc (ieereasc in pt_rf(_rm:mce is

even more pronount,'ed when geometric errors :ll'_ included. Obviously, it is importault that

the orientation error be kelJt as small as I)ossihle.

A ma.ximum orientation errur of 2 6 minutes is e,)nsidert,d ()btainalJle for an application of

this type. _,\ solar thermionic orientation svsh>m was deveb)t)ed and ground tested on tile

STEPS I Program (Referei_ee 4-6). This syslem had a lneasured COl)ability of maintaining

the orientation error witKin 2 6 minutes. Altl;ough the hardware cmploye(I in the application

was not "flight type" tbc basic sensing and logic concepts used in this system would apply

equally well in a spat( _ system. 'the importance of obtaining an orientation accuracy of 2. 6

minutes and methods of accomplishing this are c,msidered lurther in bcction ] ]. :2.

From Figure 4-15 a six minute orientation error results in a decrease, of colleetor-ahsorbor

efficiency of approximately five pereep.t (for a ',4eomctrically perfect concentrator), ttowever,

the assumption that the error is a constant six minutes is conservative since in a.calal practice

the error will probably vary. between plus six minutes and minus six minutes. As a result,

Ithe majority of the time the system will he oriented to the _un ',_ith an error less than six

minutes.

4.4.1.5 Qa_y_ity. Ten_eratur5_ '

A temperature of 2000°K is assunie_l fo,.- the purposes of computing the reradiation loss from

the generator caxqty. This value was chosen tn_cause for state-of-the-art thermionie generator

desigqls, the cavity temperallre is essentially eqtial tt) the converter emitter t+'mperature and

the converter emitter temperature selected in S,.ctlon 4.2 wan "000°K.

The sum of the reflection and reradiation losst's out the gen(,rat_>r aperture at(. assumed !o be

approxi.matcd by computing tilt, reradi:_ti<m loss ll,l',,cag!_ ,.!it, ;itJf'l'!tll'_. assumin.,J }Hack-b_,dv

radiation. Therefore, the tolal aperture, loss (r_ fh,cti<m and reradiation) is assumed to i_e

approximatod by:

1

Q (Ape:'ture Lossl : o A "I'".
t)

A o is the aperture area and T is the cavity temperature. As indicated in _,ction 4.3,

the ground testing of actual solar the rlllionie sysicms has shown this to be a good approximation

(Reference 4-5).
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4.4.1.6 C ot2eeptxa_tor_Rim - _:k2gll_

For given concentrator geometric and orientation angular errors, the minimum aperture

diameter which _qll pass all the energy reflected from the coneentrator occurs when the

concentrator rim angle* is slightly less than 45 degrees: the actual value of this rim angle

being given by (Referenee _lr6):

where:

S

fl
e

The concentrator rim angle, degrees

Half angle subtended by the sun [approximately 16 minutes at the earth),
degrees

-- Maximum concentrator error angle, assumed to occur at the rim,

degrees

= Orientation angle error, degrees.

However, the optimum aperture diameter for a given set of concentrator geometric and

orientation errors and genorator cavity temperature will be something less than that diameter

which passes all the reflected energy from the concentrator. This occurs because of the trade-

off between energy entering the aperture and that reflected and reradiated back out through the

aperture as aperture diameter is varic(t. Moreover, the higher the cavity temperature, the

smaller this optimum diameter x_ll be; assuming the other factors :ire hehl constant. Further-

more, in considering the nature of the flux distribution in the plane of the aperture for geo-

metrically perfect concentrators, having zero orientation angle error, the peak flux density,

occurring within the sunspot diameter, increases as the rim angle increases. ,.ks cavity tem-

perature increases, the optimum rim angle for maximum net energy to the generator will,

therefore, increase for concentrators having zero geometric aa_d orientation angle errors.

On the other hand, effects of geometric and orientation angle errors increase with rim angle.

It is apparent that detailed analysis is required to determine the optimum rim angle for a

specific ease, but generally, it can be said that it shouht not be less than approximately 45

degrees and will increase as the cavity temperature increases.

*Concentrator rim angle is defined as the angle between the axis of symmetry of the concen-
trator and a line drawn from the focal point to a point on the rim.
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eff(,cI ()1 rim an_!(' ,,.._)_:)li_):l ()n (.(,nc(_itrat_)r-al)s()r))cr eflicit'),-')." I(,)" _:_t'J()t)s values of

geometric an_ular t,rr,)) 'aas also s)udiv,l i)_ I_(-f(.rcrc(_-_) and th(. FcStJlt.'4 _tl'(' _rll/_1_.tl'Jz(!d

in [.'i_uce )-1(;. F_)r zc)-o o:-ic)ttati_m error the c<_nccntrator-al)s_Jti,er t'llit:i(._t)cy dt,croas(_'s

slightly with ine)'t.asin_ rim angle. \_,ilh o)'itrnlatioa (,r)'or inclu,i<'(), this dccr(,ast: i)-i efficiency

wouhl be mort: si,,e, nifieant.

Concc.z,.trator hardxvare dc, vel.opm('nt fur sotar tht rmit)tiic applications has dolt primarily with

45 and (;0 dcgrt,e rim angl,'s, l;ocause of the i).l_,l',,:t i:t t]:esc' two valtlt, s, tilt., cot_e,,ntrator

p,.'rformatme calculations will be carried out fur ))ol.b 45 tl)l(t 60 (te_rec l'lm angles. A decision

on the rim angle value t() ))t. used in t}',i.-, _t_t,ly ,,rill I-,(, _:_:t(it' after the t)(,rfor)nane,_ _ calculations

are ('(uu_>I(.:e(l.

4.4.2 C()NC1cN'.r'tl:VI'(;II-.\I_S()I_!_;Ell i'I.HIF _ ;_7,_A:'<CI2 CAIk?I:I. _, I'I()NS

The concentrator-absorber t)erfr)rmanee calculations were carried out ,m an IPM 7090 Computer

using a procedure developed previously. *

For the assumptions outIined in Section 4.4.!, plots of energy entering the cavity for

various values of aperture diameter uere I,r('pared f()r concentrator dianmters ()f 2, 3.5

and 5 feet. These piots were made l,)r 45 _t)_d (;O-degree rim angles and the results

are presented in Figures 4-17, 4-1S, and 4-19.

Computing the black-body reradiation loss as a function of aperture diameter (Fig"ure 4-20)

and subtracting this loss from the "energy entering the :tperture" values given in Figure

4-17, ,t-18, and 4-19 yields lhe net energy available in the cavity as a hmction of aperture

diameter. These net energy' values peak lit distinct values ot aperture diameter and these

peak points are presenter] in Figure 4-21. Therefore, Figure 4-2J gives the net energy

available in the eav_ty as a funclion of concentrator diameter for a cavity temperature of

2000°K and rim angles of 45 and 60 degrees, lqg,lrc 4-22 t>rcsents optimum aperture diameter

as a function of concentrator diameter. These ()l)d)uum aperture ,tiameter values correspond

to the net energy values given in Figure 4-21.

*The computer program employed was d,- v.,, toped b 3 the G_,,aeral Electric Co)ntmny in 1960.

Since the concentrator-absorber performance calculations used in this study were per-

formed, Dr. Sehrenl,: of the University of l"ennsylvania has ,.tevelol,ed a neu computer

program for predieting eoneentrator performa:mc. I)r. Sehrenk's program does not

rely on eustomar3., approximations and assumptions and will handle both radial and

circumferential errors. For future performance calculations, Dr. Sehrenk's i)rogram
is recommended.
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Having the "net energy available" as a function of aperture diameter from the preceding

calculations the concentrator-absorber efficiency can l_e computed using

r/
qn

ca A x S
e

whe re :

Qn -_ Net energy available,uatts

,)

A = Concentrator projected area, ft"
c

,)

S = Solar intensity, watts:it _

-- 130 watts/ft 2 at 1 AI_.

Since the same assumptions were used in e()mputin_ the concentrator-absorber efficiency for

the '2, 3.5, an(i 5-foot (liameters, the resulting efficiency values will be the same. llowevcr,

the two rim angle values considered will yield different concentrator,absorber efficiencies.

f
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These values are con-ipuWd bch)\v:

_ (-t5 ° l/im \ngh9 -'7); x 1£O_ 1;7.7 t)ercent
ca 3. 1-t x ]:iO

flea (60 ° Rim -\n_le)
273.5 x 100

..... 67.0 percent
3. 14 x 130

It is apparent that the high cavity temperature ires made the concentrator-absorber efficiency

relatively insensilive to coneentrat()r rim angle in the range fr,)m 45 t() 6t) degrees.

4.4.3 RIM ANGI.E SELECTION

The concentrator-ahsorher efficiency for the 45 and 60-degree rim angles being essentially

equal, a selection of a specific rim angle value on which to base this study ca,wet be made on

performance alone, ttowever, there are practical considerations beyond concentrator-absorber

efficiency which resulted in the selection of a 69-degree rim angle for use in zhis study. The

reasons for ehosing the 60-degree rim a:wg!e rather than 45 degrees are outlined lxelow.

.a,

4-42

The 60-degree rim angle yields a shorter focal length which results tn several

advantages.

1. The generator support arms are sh,>rt(,r and, thcrefr)r,,, weigh less.

. If the genera/or is launched in its fixed positi(_n with respect to the concentrator

(not folded on launch and deploy(,d in space) then a c,o cegree rim angle allows

the spacecraft to lie shorter. This in turn slmplifies_)ackaging the spacecraft

witl'.i_, the launch vehicle fairing. For example, for a concentrator diameter ()f

50 inches there is a difference in the focal length of S:. 45 inches between a 45

and (;0-degree rim angle.

° If after the system is in simce, fin" some reasons s;uch as thermal dist()rli(m,

there is a displacement of the generator witi_ respect to the concentrator optical

axis, the lx'rfc, rmanee will be least affected in the sysWm with the shorter focal

length. For example, in the ease of a 50-inch diameter concentrator, an angular

mi_alignment of 6 minutes represents a lateral displacement in tim focal plane

of 0. 053 and 0. oa3 inches for rim angles of 45 and 60 degrees respectively.



"" 7:

b. The (;0-degree rim angle results in a deeper paral_ola which has two ma or advantages.

1. Th_ • deeper parabola is structurally more rigid for withstanding the launch

vibration and acceleration loads.

e°

'2. The deeper parabola provides a recess for the generator in cases where the

generator must be folded down _turi_g launch and deployed once the vehicle is in

space. For example, the parabola depth for a 50-inch diameter concentrator is

5.4 and 7.25 inches for rim angles of 45 and GO degrees respectively.

The 60-degree rim angle yields a better generator Cavity design. The energy

entrance conditions for 45 and 60-degree rim angles are illustrated in

Fig'are 4-23.

In the 60-degree rim angle case the energy impinges on a point closer to the front of

the generator. This allows the converters to be located closer to the front of the

THERMIONIC CON VI.IRT FRS

N/__ GI-'NERATOR CAVITY

CONC ENTRAT()H _45N_// l _¢/A

t5 °• : RIM-ANGLE CASE

CONCENTR.\T()R

RA Y S

I

I TIIERMIt_NIC C()NVER'F Ell.q

(; EN ERA'FOR C'AVITY

60° RIM-ANGLE CASE

Figure 4-23. Energy Entrance Condltt(ns, 45 and 60-Degree Rim Angles
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generalor which reduces the size of the generalor cavity and subs,,q',antly the.

,_l:_ht and thermal losses.g(-Ilo i'ato 1" w _

The remainder of this study is based on a eoncenlrator rim angle of 60 degrees.

4.5 TIIERMIONIC SYSTEM PEIIFOIIMANCE

Now that the thermionie converter, generator and concentrator performance have been

estimaled the solar thermionic syste,n performance can be predicted.

Since the thermionic generator is to contain four converlers (study ground rule) the generator

power output is'given l_\-

I' ° 4 x AI.P._.

Where A E is the converter emitter area in square centimeters and I _ is the converter power

density in watls per square eentimeter. The generator efficiency is given by:
II

P
o

l i -_ ___
g Q '

n

or

t' (4n rl .0 o

Using the generator efficiency expression given in Section t.:_, this becomes

Po 0.7 (_n 'i •e

Substiluting this equation in the original generator power output expression and solving for

Qn yields

5.71 A E 1"

Qn :: r/
e

llsin_ this expression and the data given in Figures ,t-7 and 4-_ the net energy required (Qn)

be computed for various values of eonverter emitter area (AE).
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This was dane for both pea_k power and peak etfici(.ncy ot,eration and the results are given in

Figure 4-24. Also presented in I:igure 4-24 are the corresponding values of generator powcr

output Po"

Figure 4-21 gives concentrator diameter versus net energy available (Qn). Therefore, for a

selected value of emitter area, A E, the generator power output, Po' m_d net energy required,

Qn' are defined from Figxlre 4-24. Entering Figure 4-21 with this value of t) n yields the

required concentrator diameter. This procedure was followed and generator power output

Iversus concentrator diameter plotted in Figure 4-25. Also included in Figure 4-25 are the

maximum concentrator diameters that the various lmmeh vehicles will accommodate (sue

Section 2. ).

Several interesting conclusions can be drawn from Figure 4-25. For a minimt,m acceptable

generator power output of 100 watts, the lower limit on concentrator diameter is approxi-

mately 42 inches. An upper limit is established by the maximum allowable copcentrator

diameter compatible with the launch vehicles considered. This is represented by the THOR

ABLESTAR vehicle which can accommodate a concentrator diameter of 58 inches. The

range of concentrator diaaneters of interest then is 42 to 58 inches. For this range of concen-

trator diameters, generator power outputs of from 100 to 18.b watts can be obtained.

The thermionic system efficiency is defined as

D = rt xO
s g ca

Using the generator efficiency expression from Section 4.3 and substituting the concentrator-

absorber efficiency value for the 60-degree, rim angle ease (0.67) the above expression

becomes

rl = 0.7x0.67 _ =0.469 q •
S C C

For a given concentrator diameter Fig-are 4-19 gives the generator power output (Po) for

either peak power or peak efficiency operation, lJsing this value of generator power output

Figure 4-24 defines the thermionic converter emitter area (AE). This value of emitter

area (A E) used in conjunction with Figures 4-7 or 4-8 yields the thermionic converter
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ency. Sui_t_Lutip,;_ _i_is v:_luv of c_mverter ef!;cic,_e\ in the ai,ove expression yields the

system efficient\. [.'ollo, viq?_ tiffs pr,_zcdurv, thermi_mic system efficiency as a function of

concentrator diameter was comp, aed m_d thc. re-_ults are t,rcsented in Figure 4-2(;. Th,e

thermionie system effieiency increases v,ith concentrator diameter for bolh pvak po,ver and

peak efficiency operation. "['his occurs _,.eeause l'or the lar_er eoneentralor dian,,cters the

eonYerter emitter area is lar_er and conv('rter efficiency i_creases as the emitter area

increases (see Figures 4-7 and 4-8).

,t. (i SELECTI()N OF CONVI(I{TI::R OPEI{ATING i'O!NT

Figures 1-25 and-t-26 indicate' the tollov, imz adva:?t'taes for operatin_ the thcrl_ionie eoi;verters

at tht;ir pe,tk efficiency rathiPr than peak power point.

al As indicat!'d I_,, l.'i;gure 4-25 peak efficie_,ev operation yields a 7.5 t(_ _ percent

hig, her ge,,,erntor power output for a gi,'en eoneentrator diameter.

t)° Peak efficiency operation yields a lmver weight thermionie system t_ueause for a given

power level the co_:eentrator wilt be sin,tiler while the remainder of the system is

.essentially the. same size rc;_ardless ot _t,eratin_ point.

The voP, a_e output per converter is approximately twenty percent hi_her for peak

efficiency operation ol). 7 volt eomp_red to (_. _5 volts_. Therefore, for a four

converter generator the series voltage outpul wouh| be '2. ', compared to 3.,t volts

for peak power and peak efficiency oper:_tion respectively.

For these reasons the therrnionie syslem _-ill bc designed to operate at the converter tmak

efficiency ix)int.
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4.7 SUMMAIiY ..\N1) C_ )NC' LL'SI()NS

The maior thcrmionie syst('m p"rformance parameters established in this section are

summari zed l)el_x_.

TIt F]IIMI( )NIC C'I )NVEtt TFR

Emi tier Ternpe ratu r( +
En:ittcr Material

Emitter Spacing
Emi tie -" Slct ve "I'hick:_ess

Couvcrtcr P,)wer Denslt-- and Efficiel_ev (l_cak l)ower)
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Coneentralor-At,sorl)cr Efficiency

TtlEIIMI_ ;NIC 5YS"I'IJM
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TharmioJlic Syst(-m Efficiency Versus Concentrator
Diamcier

t,)i_rato the Tharmionic Converters at the Peak

Efficiency Point f

2000°K

Ilhenium

2 mils

0. Im25 inches

Figure 4-7
I"igu r(_ 4-8

g c

90 percent
12 minutes

5 percent
(; minutes

60 degrt_es
2000°K

67.0 t,creent

Figure 4-25

Figure 4-2 (;

The range of concentrator diameters of interest is from 42 to 58 inches. Based on the

performance figt,res slated :tl,ove, a concentrator of 42 inches is needed to achieve the

required _ainimum generator power output of 10c watts. The maximum concentrator diam-

eter.(5_ inches) will yiei, t a gt_,nerator power output of 1_ a atts at the converter peak

efficiency operating point.
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The maximum thermionic generator power outputs Isee Figure 4-25) compatible with the

promising Jaunch vehicles identilied in Section 2 are summarized below:

DELTA (DSV-3C) (
TAD (DSV-3D) 112 watts

IMPROVED DELTA (DSV-aE}

(DSV- 3 F)

(DSV-3G}

(DSV-3H)
ATLAS-AGENA D

ATLAS-AG ENA D,X-259

THOR-AGENA D

TAT-AGENA D

182 watts

TItOR-ABLESTAR } l,S8 watts

It appears that any of the launch vehicles under consideration can provide the required

minimum generator output of lt)0 watts. However, it should be noted that the figures given

in this section are maximum values based on the assumption that the effective concentrator

diameter is equal to the maximum allowable payload diameter the fairing can accommodate.

When the spacecraft deaign is formulated, this may be difficult to achieve and the concen-

trator diameter may have to ix} reduced, resulting in a lower generator power v,utt)ut.
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SECTION 5

SECONDARY EXPERIMENTS

5,1 INTRODUCTION

In addition to the primary solar thermionic experiment, numerous secondary exnperiments

were considered and a recommendc_ list established for each of th,- selected missions.

These seconda_' experiments _ ere treated in t_,_'o categories: Engineering Experiments

and Scientific Experiments. A description of each of the secondary experiments considered,

along with a summary of the selection procedure used to establish the recommended list of

experiments, is included in Sections 5.2, 5.3 and 5.4.

Twenty experiments were considered in total: ten engineering and ten scientific. These

experiments are listed below.

_ee ring____.xp_e rim e nts

Radiation Effects on Solar Cells

Solar Thermoelectrics

Thermal Coati: gs

V-Ridge C(_)'.c(,ntrating Photo-

vol _aics

Thin- Film Solar Cells

Solar (_?(mcentrator Rellc, ctivc'

Surfaees

Tht, rmal Contact Resistance

Infrart, d Ik't(,etor

Lasc, r Experi mt_nt

I_ow Thrust l21ectric Engine
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Scientific Exi_eriments

Interplanetary lkis! (Micrometeoroids)

Solar Wind

Proton and Elcctron Spectra and

Directioa

Magnetic Fieht

Heavy Nuclei

Solar X- Rays

Solar "y-Rays

Earth Albedo

Ultravi(det Radiation 5h, asur¢,m,q_t

Lyman- Alpha

By necessity, a study of this siz_is limited in the number of secondary experiments it can

consider and the depth in which each experiment can be studied. This program considered

those experiments which were felt to be of major importance to the development of solar

thermionics and to the total space program. In addition secondary experiments were

selected for consideration on the basis of their compatibility with the primary ex_periment

and their ability to take advantage of the unique requirements of the primary experiment

such as highly accurate sun orientation.

The results of this portion of the study are illustrative of secondary experiments that

could be included on a spacecraft whose primary objective was the evaluation ot solar

thermionics. As subsequent studies of the solar thermionic flight experiment are under -

taken, it will be necessary to continually evaluate potential secondary experiments to insure

that those finally selected represent the best possible choice. Before a final selection is

made, it will be necessary to evaluate these experiments in greater detail than this study

would allow.
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5.2 ENGINEERING EXPERIMENTS

Each of the secondary Engineering Experiments considered is described in thig section.

5.2.1 RADIATION EFFECTS ON SOLAR CELLS

The basic design for this experiment was taken from Reference 5-1.

5.2.1.1 Backg_-ound

Of all the components found on present state-of-the-art sp,_cecraft tht_ solar cell array

generally exhibits the highest vulnerability to space radiation damage. As a result oon-

siderable attention must be given, when designing a space vehicle, to the shielding r¢<tuired

to protect the solar ,array from the expected space radiation environment. The required

shielding and over sizing of the solar array to account for the expected radiation damage

can represent a very s_nificant weight penalty. To minimize this weight penalty it is

important to: (1) know the radiation environment accurately, (2) thoroughly understand the

effect of radiation on solar array performance, _nd (3) be able to accurately predict the

protection afforded by shielding. However, present methods of predicting damage are

approximate and, in addition, a large uncertainty in the e.,cpected environment exists.

Space experiments are needed to better understand this problem and to provide the necessary

design information.

The normal solar array configuration consists of solar cells covered with a fused silica

cover glass: The cover glass shields the solar cells from the radiation environment. A

filter is vapor deposited on the cover glass which is held to the solar cell by an organic

bond. Each of these four components: solar cell, cover glass, filter ,and organic bond

to some degree exhibit a damage vulnerability.

In general, solar cell damage results from lattice defect production generated by collisions

between higher energy particles and the lattice atoms. This produces a reduction in the

minority carrier lifetime which lowers the short circuit current.
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Degradation in the organic bond results from a change m its chemical composition induct d

by ionizing interactions with the incident radiation. Similar ionizing interactions with

ultraviolet and particle radiation cause reduction in the transmittance of the filter and fused

silica shield. These other effects, then, also degrade the short-circuit current since they

reduce the amount of light reaching the cell surface.

5.2.1.2 Experiment Objectives

This experiment is designed to accomplish the following objectives:

a. Separate and determine the relative importance of damage in the solar cell,

organic bond, filter and shield

b. Determine the relative degree of protection afforded by shielding of different

thickness and provide evidence on the "hardness" of the incident spectrum

c. Monitor the spacecraft solar array degradation

d. Verify, or provide information for correcting, laboratory damage estimates to

improve the efficiency of solar array design.

5.2.1.3 Experiment Definition

The selection of appropriate combinations of components for the solar cell assembly

will allow damage in either the cell, shield, filter, or bond to prevail in producing degrada-

tion in the short circuit current. Therefore, the experiment would contain various com-

binations of shield, bond, etc#, to allow a determination of the relative significance of

damage in each. Shields of varying thickness would be used to indicate the effectiveness

of this parameter on radiation hardening and the hardness of the incident spectrum. To

icomplete the complement, cell assemblies, identical to those in the spacecraft array,
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would be included for the purpose of monitoring the array degradation. Specilicnlly, lh(,

experiment would be composed of these solnr cell assemblies.

T_.y_e A Assembly - This assembly would consist of solar cell and shield with no filter

or bond. The shield would be mechanieMly clamped to the cell and any degradation in

the short circuit current would be due mai_fly to cell damage induced by the residual

spectrum. There would be two T.vpe A assemblies present; the shield on one would be

6 mils thick while the other would be 60 mils. Comparison of data for these two shields

would indicate relative shield effectiveness and the incident spectrum hardness.

#

T_XI2F B Assembly - This assembly would consi>t of a pre-irradiatcd solar cell, shield,

and filter with bond. Pre irradiation of the solar cell would render it relatively imnmne

t_) additional damage, therefore, any deg,-radation itl the output would be due mainly to

damage in the shield, filter, and bond.

]_. e C Assembl K- This assembly wouht consist of a pre-irradiated solar re!l, bond,

and shield with no filter. Therefore, dc_gradation in the output should be due solely to

d.'unage in the bond ,and shield. A comparison ot data from this assembly with daLa

from Type B would indicate the amount of damage incurred by the filter.

T yp_e D Assembly - This assembly would consist of a pre- irradiatc_ cell, with shield,

filter, and no bond. Therefore, degradation in the output should result mainly from

damage in the shield and filter. A comparison of data from this assembly with T3qpe B

would indicate the degree of damage incurred by the bond.

Type E Assembly - This assembly would consist of a pre-irradiated cell and shield

with no filter or bond. Any degTadation occurring greater than approximately five

percent would indicate damage in the shield.

°/
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Type F Assembly - This assembly would be representative of the vehicle array. It

would contain identical bonding, shield thickness, filter and cells. Therefore, this

data would be used to monitor the vehicle array degradation. Also, comparison with

data from Type B would indicate the degradation that would be suffered by the cell

alone.

5.2.1.4 Experiment Design

In an experiment of this nature, duplication to gain statistical confidence in the data is a

necessity since no two samples will exhibit the same damage sensitivi_,. Therefore, in

order to gain sufficient duplication using one vehicle, a scheme has been adopted which

utilizes ten, 1/2 by 1/2 centimeter solar cell segments connected as shown in Figure 5-1.

Each segment for an assembly would be cut from a different 1 by 2 centimeter cell. The

remaining segments cut from the cell would be used in other assemblies. Every assembly

would then consist of segments from ten different cells, however, the total output for each

of the assemblies would represent the average of the ten cells. This is equivalent to using

identical cells on each assembly and duplicating the entire experiment ten times. The seg-

ments in an assembly would be mounted in thermal contact with, but electrically insulated

from, a common base plate. All would be covered by a single shield and filter piece. If

VT is the voltage across the total string and V i is the voltage on each cell, then

10

VT: E v1

i=l

To measure the short-circuit current, a one ohm resistor would be connected across each

segmento Therefore, the average short-circuit current would be

VT
7 -

sc 10
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Then only one quantity, VT, must be measured to obtain the average short circuit current

for the ten segments and the same statistical validity is obtained as ff ten separate cell

assemblies were ex-posed and measured separately. This scheme enables each assembly

to be effectively duplicated ten times with no increase in the number of readings required

and an increase in required surface area of only about one square centimeter. Although

the size of a segment is 1/S that of a normal cell, no insurmountable mounting or soldering

problems are foreseen since the technolog-y in this area is well advanced.

The short-circuit current is a temperature sensitive quantity, and since variations in

temperature are expeetc<t, the requirement for temperature information exists, if all the

assemblies were mounted on a good common thermal sink, all the cell temperatures should

be approximately equal and q_y the sink temperature would have to be measured.

Solar cell output is also sensitive to sm_ orientation. The experiment would be sun oriented

making use of the orientation system employed by the primary solar thermionic ex-perimento

Since measurement of the orientation accuracy will be required for evaluation of the solar

thermionic experiment, this information would be available for the secondary experiments

as well.

5.2.1.5 Experiment/Spacecraft Interface Requirements

The interface requirements for the solar cell experiment (assuming a total number of seven

solar cell assemblies) are summarized below:

Electrical Power Required

Weight

Size

Instrumentation

Telemetry Accuracy Required

0.04 watts for operation of 2 thermistors

Less than 0.5 pounds
2

4.5 in. by 1 in. deep

7 voltages (0-50 my)

2 temperatures (thermistors 0-5x;)

1 percent of full scale reading

The experiment must be sun oriented within approximately + 5 degrees.
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5.,.. _ 2 SOLAR THERMOELECTRICS

5.2.2.1 Background

One of the potentially attractive means of supplying electrical poxver in space is by means

of solar thermoelectrics. Development efforts in solar thermoelectrics have concentrated

on two approaches: (1) a parabolic concentrator system under development by Itamilton

Standard (Reference 5-2), and (2) a flat panel system being dc_ eloped by General Atomic

Division of General l:h'lmmics (References 5 3 and 5 4). The development of both of these

approaches has been supported bv the Space b_:stoms Division o[ the Air Force. Of th<> tuo,

the flat panel system is in a more advanced state of development, having proceeded to the

point where two earth orbiting flight tests have been carried out. Either of these two con-

cepts could be tested in conjunction with the solar thermionic experiment, but since the

recent emphasis has been on the flat panel concept it was selected tot consi'deration in this

study.

In the flat panel, solar thermoelectric generator design, heat from the sun is used to provide

the temperature difference bet_een the hot and cold junctions. A sand_ich type construction

is used wherein the thermoelectric elements are bonded between two thin aluminum sheets.

One sheet, called the collector, is coated to produce a surface having a high sol:,L" absorp-

tivity and a low infrared emissivity. This side of the panel is orientt, d to,yard the sun,

absorbs energy from it, and produces the hot junction temperature. The heat absorbed is

partially converted into electrical energy, and the remainder is transferred through the

thermoelectric elements to the cold junctions and radiated from the other side of the panel.

Figure 5-2 indicates a typical construction for this type of design. The honeycomb is added

to provide structural strength. It should be noted that there is a radiation heat leakage

path between the collector foil and the cold honeycomb surface through the :_rea not covered

by thermoelectric elements. In this connection, the cross sectional area of the thermo-

electric elements is negligible with respect to the panel surface area (less than one percent

in a typical design).
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(a) Cross-section view of panel construction

SEMICONDUCTOR

COATEO COLLECTOlq FOIL_ __ ELEMENT,

COLLECTOR _ _ - _ \ COLLECTOR

LAYER

RADIATOR

(b) Cutaway view of panel section

Figure 5-2. Construction Details of Solar Thermoelectric Panel
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To date, effortat General Atomics has concentrated on Lhe use of zinc antimonide as the

p-type thermoelectric material and lead telluride as the n-type mat,'rial, :_ltbough other

materials are now being actively investigated. The collector coating, which, ha_ a most

important effect on performance, is a multi-layer optical coating consisting of four alter-

nate layers of elemental aluminum and silicon monoxide, with silicon monoxide forming

the outer layer. The total coating is less than one micron thiek.

An indiL;ation of the state of the art of the flat panel solar thermoelectric design is pro-

vided by the following statements.

ao Two flight tests ha_,e been made for this type of design. In each test, three

panels, each4 inches square, were mounted ina magnesium frame, This

frame was then mounted on a boom which swung out perpendicular to the vehiele

after _orbit had been achieved. The mature of the mission and orientation was

such that the panels were perpendicular to the sun only once during each orbit,

and perfornmnce measurements nmde during that time.

The n-type material used was lead lclluride; the p-t,wpe material was zinc

antimonide. Irlight test data covered a period of less than 100 relatively low

altitude earth orbits in both flights.

Based on telemetry data, the power output varied widely from panel to panel.

In the first test particularly, there was a significant decrease in power output

with time for each panel. In the second test the power output per panel renmined

essentially constant or increased slightly with time. The range of power outputs

for the first set of dat_a in each flight was in the range of 0.8 to 1.8 watts per

square foot. These compared with a range of measured values for the same

panels made during ground acceptance testing in a solar simulator of about 2.0 to

2.8 watts per square foot. The ratio of flight test power output to accept:_nee test

power output for the individual panels ranged from approxinmtely 40 percent to
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85c7: percent. Also, the power output obtained in the space (,xpcriment can be

compared to the calculated value of 2.66 watts per square foot [or these flight

models.

b. Some difficulties were experienced with the telemetry data as to consistenc-,

accuracy, and completeness. These difficulties throw some question on the

accuracy and interpretation of the flight test results. Principal areas of question

in comparing the flight test results to the ground acceptance tests are the behavior

of the collector coating, and of the bond between the thermocqeetric elements and

the collector and radiator surfaces plus, uncertainty in the actual value of solar

intensity experienced by the panels during flight. There is reason to suspect,

particularly for the first flight test, that some handling damage may have occurred

both to the collector coating and possibly the elements themselves. In addition,

there is no data available on the effects of the space environment on the collector

coating material, e.g., radiation, ultra-violet, high vacuum, etc. It is con-

sidered quite probable that the deterioration in output with time observed in the

first flight tests is due in large measure to deterioration o! the bonds between the

elements and the collector and radiator surI;.,ces.

C_ Subsequent to car_ilN out the flight tests, an improved technique has been developed

for bonding the thermoelectric elements to the collector and radiator surfaces.

Extensive tests of this process indicate tha: the bonding problem has been solved.

For example, thermal cycling test comprising 900 cycles between 573°K and

303°K have been c,nrried out with satisfactory p.erformanee. Also, measurements

of bond strengths have been carried out on a statistical basis; the:se were found to

be much higher than the buckling strenglh of the radiator and coll_,ctor sheets.

5-12

do Based on extensive life testing, zinc antimonide-lead telluridc couples arc

expected to be' operable at a hot junction temperature of 573°K for periods from

six months to two years in this type of configuration '_ithout experiencing signi-

ficant deterioration. This is the design hot junction temperature for the flight

test models.
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eo Measured weights, of the t inch square fl _,,'j_,,', test panels are O. 14 pounds pet"

square foot. It appears that this figure can be reduced to 0.10 pounds per square

foot without any major breakthroughs.

fo In preparation for the flight test, all of the panels flown were subjected to shock,

vibration and vacuum-solar simulation acceptance test. Each panel passed these

tests satisi:_etorilv.

From I.his description of the current state of the art of the solar thermoelectrics, it is

:q)p, trent that further development will require nd,titional space t_sting, preferable under

better cxpcrip.;entul conditions tl_tn the previous tests we, re conducted.

5.2. 'z. 2 Experiment Objectives

The objectives of this ex"periment are:

a. Demonstrate the feasibility of solar thcrmoeleetrics as a means of supplying

space power

b. Conduct a long term evaluation of a solar thermoelectric power supply in the

space environment.

5.2.2.3 E_x eriment Definition

A spacecraft designed to eo_duet a solar thermionie flight expermlent offers a very

attractive platform for evaluating solar thermoeleetries. U_:like the space e.xperiments

conducted to &tie, the panels would alwa)s be oriented to the sun when the spacecraft was

not in the earth's shadow. In addition, measurem,.nts of the solar intensity, radiation

environment, orientation error and mierometeoroid density would be available from the

primal-y solar thermionie experiment. There, fore, the solar thermoelectric ex'periment
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would only require the addition of temperature and voltage instrumentation to provide a

more complete evaluation than was possible from the previous space experiments.

5.2.2.4 E_x_exriment Design

The experiment would consist of three, solar thermoelectric panels of the construction

shown in Figure 5--2. Each of these samples would be approximately 4 inches by 4 inches

by 0.115 inches. In each panel, a row of sir n-type elements alternates with a row of six

p-type elements. The elements in adjacent pairs of rows are connected in an electrical

parallel circuit, and the three pairs of rows are connected in series. A wiring diagram

is Ishown in Figure 5-3.

Three panels would be used to allow evaluation of relative performance between samp!es

and also to improve the chances of obtaining performance data over a long period (months)

of time.

The power output for each sample is determined by measuring the voltage drop across a

precision resistor located in the electrical circuit. In addition to the required voltage

measurement, four temperatures would be measured on each panel (two on each surface).

The orientation of the panels to the sun would be accomplished by the same oricmation

system employed by the solar thermionic system. Also, the orientation accuracy would be

obtained from measurements made in connection with the primary solar thermionic

experiment.

A summary of the expected panel performance is presented in Table 5-1.

5.2.2.5 Experiment/Spacecraft Interface Requirements

The interface requirements for the solar thermoelectric experiment (assuming three test

O panels mounted together in one magnesium support frame) are summarized on the following

page.

5-14



F _ u

J

I

]
!

I
I
!

I

L_
L_

e.q

C9

¢9

0

J .._

,,..-4

c_

_=

I

LY_



Electrical Power Required

Weight

Surface Area Required

Volume

In strumentation

0.12 watts for 6 thermistors

1 pound

14 in. x5 in.

3
8 in.

3 volts (0-1.2v)

6 ten_Derature (thermistors (0-5v)

This experiment requires sun orientation and, if possible, a measure of the orientation

error. This could be obtained for the primary ex_periment. Although not absolutely neees-

sa_-, it would be desirable to also have a measure of the radiation environmem and micro-

meteoroid density. These two itemscnight be obtained from other secondats, experiments

included on the spacecraft.

Table 5-1. Calculated Performance of Solar Panel Illuminated with

!30 Watts/Square Foot Solar Intensib, at Normal Incidence*

collector Temperature, OK

Radiator Temperature, OK

Collector Efficiency, _:

Thermoelectric Efficiency, _,_

Over All Converter Efficiency, c_.

Area Ratio, n-Leg to p-Leg
2

Cross Section Area, p-Leg, cm
2

Cross Section Area, n-Leg, cm

Length of Legs, cm

Dimensions of p-Leg, cm

Dimensions of n- Leg, em
,)

Area of Collector or Radiator, cm"/couple

Output Voltage at Design Load, mv/couple

Output Current at Design Load, row/couple

Power Density, w/ft 2

Output Power per Panel, 6 couples, mw

573

35a

57.7

3.74

2.05

0.544

0.0196

0.01068

0.268

0. 140x0. 140x0.268

0.103x0.103x0. 268

6.10

39.5

18.3

2.66

110

Note:

*These performance estimates were taken from Reference 5-4.
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5. 2.3 THERMAL COATINGS

Reference 5-5 and 5-6 provided the basw information on which lhis expcrimc.nt is based.
I
|

5 "' 3.1 BackgFound

The optical characteristics of the s'arfaces of a spacecraft are fundamental parameters in

controlling the stmceeraft t.emperature. Thus, a major effort has been made in recent

years to determine the optical properties of vaPious surlaces and even to develop surlaces

which have special desired opticed characteristics and environmental stability.

The nt.ed for adequate temperature control of spacecratt \_as never mor, :_pparent than

during the anxious hours in December of 1962 as Mariner II approached the Plqnet Venus,

and the temperature inside the vehicle rose well above that considered s.qfe for the

electronic components and batteries. The difficulty apparently stemmed from incomplete

knowledge of the rcquirt_ pattern of temperature-control coatings on the spacecraft

(Reference 5-7). In addition, the coatings undoubtedly deteriora:ed somewhat during the

three-month voyage. This event in the Mariner flight points up the imlmrtance of the role

of thermal control in space vehicles.

The NASA-Marshall Space Flight Center (NASA-MSFC) has been a leader in sp:.cc evalu-

ation of thermal coatings. MSFC has developed a sensor for determining effects of ascent

and/or space environments on the optical properties of thermal control surfaces. Several

attempts have been made by MSFC to place such a sensor into orbit on board satellites

which were shielded from the ascent environment° The first such attempt (S-.16 payload

which fle_ on Jtmo II AM-I.qC) on March 23, 1960 failed when orbit was _ot achiew.'d.

A second try also failed with the S-45 payload on AM-19F, Februqry 25, 19(_1. Success

was achieved with Explorer _ (s-15 payload, AM-19E vehicle) which was launched or,

April 27, 1961. The "surface of interest" on this sensor was multilayered and prepared

by Dr. G. Hass of the Corps of Engineers, Fort Betvoir, Virginia. The first layer on the

aluminum disk was a 9000 angstrom layer of Si()follm_ ed by 200 angstrom layer of
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Germanium and topped u ith 1500 angstrom laver of SiOgiving initial ,, and _ values
" S T

of 0.71 and 0.12, respectively. A comparison of theoretical and measured temperatures

is given in Figure 5-4. From this figure (showing two temperature curves as a function of

position in orbit where the satellite egresses from the earth's shadow), it can be seen

that there is good correlation between the theoretical curve and the measured data. From

a comparison of measured data (on June 19 and October 8, 1961) having about the same

orbital and altitude parameters, as shown in Figure 5-5, it is apparent that the t'adiative

characteristics of the coating changes very little (no more than 10 perc__'nt)during 3 1/2

months between these two dates.
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In addition to MSFC'n efforts in this field, the A_nes th'seareh Center and the Jet Propulsion

Laboratory have also been very active in res.e:_rch on the ._tabiiity of dwrnml-control coot

ings for spaeeera.ft_ A series of flight ex-periments i_ being periormed by the Ames

Research Center on the stability of thermal-eontrol surfa(_.es in space. In the tirsl of

these, sL,_ test surfaces and one reIercneewere install.don the first Orbiting Solar

Observatory. The satellite was launehed on March 7, 1962, and data have been obtained

for a period of 16 months, thus providing information on the long-term stability of tempera-

ture control coatingS.

From tile preceding, it is apparent that the space ('valuation of thermal coatings is well

under_vay. However, the need for a wide variety of thermal coatings which possess, in

addition to their thermal eharaeteristies, buell properties as: (1) stability to ultraviolet,

(2) electrically conductive, (3) prelauneh stability, (4) launeh ascent stability, etc., has

created the requirement for conducting many space tests of the type described above.

5-19
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5.2.3.2 Experiment Objectives

The objectives of this experiment are:

a. To measure, in the space environment, the solar absorptance and total hemi-

spherical emittance of selected thermal coatings.

b. To determine the chances with time of the optical and adhesive characteristics

of the selected thermal coatings in the space environment.

5.2.3.3 Experiment Definition

The two most important optical properties in thermal design are the absorptance of Lhe.

surface with respect to solar radiation, a S, and the total hemispherical emittance of the

surface in the far infrared, e T' (T denotes surface temperature). Of somewhat lesser

importance, generally, are the absorptance of the surface to earth radiation, a E , the

spectral absorptance and emittance, a), , and eT k , the directional absorptance and

emittance, a 0 and fT0 ' and polarization effects. This ex33eriment will be designed

to measure the absorptance and total hemispherical emittance of selected thermal coatings.

The exact thermal coatings to be tested will not be proposed here. These coatings xvould

be selected at a time closer to the flight date. The interest in development of (1) direc-

tional surfaces, (2) interference coatings, (3) non-spectral coatings, (4) controlled

degradation coatings, (5) self-regxflating surfaces, etc., insures that there will be

numerous coatings to be tested.

5.2.3.4 Experiment Design

A thermal surface environment effect sensor has been designed and fabricated at the

NASA-Marshall Space Flight Center. It is used for determining effects of the ascent

and/or space environment on the optical properties of thermal control surfaces. The
#

5-20 " 4':



/J )'7

sensor, shown in Figure 5-6, consists of 3. 175 centimeter diameter disks flush with the

skin of the spacecraft using KeI-F posts for thermal isolation. The optical properties of

the disk surfaces are determined in flight by monitoring the temperature of the disks as

a function of time and by solving the thermal design equations backwards to obtain a S

and c
T"

The Ames Research Center has developed a similar sensor and mounted six of them on a

common Structure. In this sensor, each test coating is applied to a metal-disk substrate

one-inch in diameter which is placed in a mounting cup, as illustrated in Figure 5-7. The

disks are mounted on three small plastic supports to minimize the conduction path. Radiant

heat exchanges with the mounting cup are minimized by the use of four radiation shields.

Surface temperature is measured by means of a thermistor soldered to the underside of

the test disk. The radiation sensors are arranged in a circular cluster with a reference

surface in the center (Figures 5-8 and 5-9}. Figure 5-8 illustrates the design of the

reference surface. The surface is composed of razor blades stacked together to form a

large number of notches, which cause multiple reflections and eventual absorption of

most of the incident radiation. As a result, the reference surface is essentially a black

body. Because of the large number of reflections, any change in the emittance or reflec -

tance of the individual surfaces in the notches would have only a very small effect on the

overall emittance or absorptance of the reference surface. To permit correction of heat

exchanges between the test surfaces and the sensor mounting cups, the temperature of the

base plate is measured with a thermistor. Since the cups are in intimate thermal contact

with the base plate, it is assumed the cups are at all times at base-plate temperature.

Either the Marshall or Ames sensors could be used but since the latter incorporates six

samples in one unit, it is recommended and used as the example in this study.

5.2.3 _5 Experiment/Spacecraft Interface Requirements

The interface reqmrements for the thermal coatings experiment (assuming an experiment

composed of six sensors) are summarized on the following page:
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KEL-F SUPPORT TEST SURFACE ON
r' DIA OI6 ALUM DISC

MOUNTING CUP

POLISHED RADIATION

THERMISTOR FOR SHIELDS
TEMPERATURE MEASUREMENT

Figure 5-7. Construction Details of Radiation Sensor

RAZOR BLADE EDGES

WITH BLACKENED FINISH _----_

__. "._:'._:J ALUMINUM BASE

B,AC_BOD_.__REFERENCES_R_A_E
!k

GROO_EOSORF,CEI_ FRONTP,ATE," Dio,,_"ALUM

THER:22jO:2; BASE PLATEE I/8" ALUM _

SIX TEST SURFACES
i

Figure 5-8. Mounting of Radiation Sensor
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Electrical Power Required

Weight

Size

Instrumentation

Telemetry Accuracy Requnced

0.16 watts for 8 thermistors

2 pounds

8 inch diameter by 3 inches deep

8 temperatures (thermistors 0-5v)

1 percent of full scale reading

The experiment must be sun oriented and have an unobstructed view.

surface area is 50.3 square inches (8 inch diameter circle).

5.2.4 V-RIDGE CONCENTRATING PHOTOVOLTAICS

The required exposed

5.2.4.1 Background

Solar photovoltaic arrays are currently the major means of supplying electrical power

in space and are expected to be the best source of power for many missions m the future.

The state ol the art l_as evolved to the solar-oriented flat paddle of the Ranger, Mariner,

Nimbus, and OGO systems. The present paddle designs will continue to be improved wltn

the use of more efficient and more radiation resistant solar cells and other innovations.

However, an advance in the state of the art of photovoltaic arrays to the use of V-ridge

concentrators offers two potentially significant advantages: (1) a weight saving of 15 to

30 percent, and (2) a decrease in cost of up to 45 percent. A typical V-ridge concentrating

photovoltaic panel is shown in Figure 5-10. The V-ridge reflective surfaces result in

more solar energy being concentrated on the solar cells. This allows more power to be

obtained from the same number of cells. This means a given power output can be achieved

with a smaller number of solar cells which accounts for the reduction in cost. Since the

concentrating surfaces are lighter in weight than the solar ceils they replace, this also

yields an overall decrease in weight.

In the past three years, several companies, including General Electric and Boeing, have

successfully developed and ground tested experimental V-ridge concentrating modules

similar to the one shown in Figure 5-10. The major uncertainty remaining is what effect,
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ifany, will the space environment have on the performance of the concentrator surfaces.

A space experiment is requi_ed to findthe answer.

5.2.4.2 Experiment Objectives

This experiment is designed to verify the space performance of a typical photovoltaic

array employing V-ridge concentrators. Of particular interest are the effects of ultra-

violet radiation, ionizing radiation, micrometeorites, and thermal cycling on the perform-

ance of the reflecting surfaces.

5.2.4.3 Experiment Definition

The selection of appropriate combinations of solar cells and concentrator surfaces will

enable separate determination of solar cell performance for both concentrated and non-

concentrated cases; and separate determination of any solar cell or concentrator perform-

ante degradation. The experiment would be composed of three assemblies.

Type A Assembly - This assembly would consist of a a typical V-ridge concentrator

panel from which temperature and power output measurements would be made.

Type B Assembly - This assembly would be a non-concentrating section. Power

output and solar cell temperature would be measured. A comparison of the performance

between Assemblies A and B would provide a measure of the concentration ratio. Also,

the data from these two assemblies would allow the solar cell performance to be

factored out and the concentrator performance isolated.

Type C Assembly - This assembly would be identical to the Type A section but

smaller. Solar cell temperature and short-circuit current would be measured.

Since short-circuit current is primarily dependent on energy impinging on the solar

cells and not cell temperature, it is another measure of concentrator degradation.

5-27 -_
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5.2.4.3 Experiment Design

Assembly A would consist of an 8-inch x 12.8-inch panel constructed similar to the sample

shown in Figure 5-10. This panel would contain 32 groups of five, one by two centimeter,

solar cells wired as indicated in Figure 5-11. The 32 groups would be divided into tv o

modules of 16 each. The five cells in each group would be connected in parallel and then

loaded with a series resistor. The resistor would be sized to operate the solar cells near

the peak power point (approximately 1.33 ohms). The voltage drop across the 16 resistors

would be added yielding the average current. In this manner only two voltage readings,

one for each 16-group module, would be required to monitor the panel power output. The

solar cell temperature would be measured at four points with thermistors.

Assembly B would contain twenty_, one by two centimeter solar cells without a concentrator.

The twenty cells would be wired in two strings of ten cells as indicated in Figure 5-11. To

measure the short-circuit current, a one-ohm resistor would be connected across each cell.

The voltage across each ten cell string would be measured which would allow the average

short-circuit current to be computed from

V T

ISC- 10 "

The temperature of the solar cells would be measured with m'o thermistors.

Assembly C would be a V-ridge concentrator sample of the same construction as Assembly

A, but smaller (approximately four inches by four inches). This panel would consist of

four groups of five, one by two centimeter solar cells wired as shown in Figure 5-11.

This is the same wiring arrangement used for Assembly B to measure the average short-

circuit current. The solar cell temperature would be measured by two thermistors.

¢

5-28



m / :
_J

5 5t)LAI{ CEI.[2-; IN

P._, B.A LIA-. L

,K/; lit.)l_. P

I
I ,K

i

-7
B

E

I.

0-6. -iV
m m

5 S(_L, kR CELI.q LN

P.'\ t(A l. i,E 1,

(lilt _I 1' 1 "_

_E

:_ [--

,K

0-6.4V

-7

-]

16

M()DI:I,E 1

TYP|. A A5St.t),lllL'f

I,__21_'_''I_"_"Lt

ff_-I

,K--I

I 31_ d )1" l.l'i

w_ M

O- ). 5V _?-"'9

J : l_:

p

3 _
p

p
t ,

ILt

7d( _lIt" IJ- '2

I"YIW ' AS,<,I"_i:I.Y I YP_' _" \5,_F?_ 1.',"

F'igurc 5-1]. V-Ridge Concentrator Experiment Schcm;_tic

o- 29

))),-.



5.2.4.4 Experiment/Spac,.craft Requirc,'nents

The im,-_rl:,,cc requirements for the V-ridge concentrator ex-periment are _,,ummariz(,d

below:

Electrical Power Required

Weight

Surface .-'_rc_ Requirc, d

VO lum t'

Inst rum ent:_tion

Telemetry Accuracy Required

0.16 watts (S thermistors at 20 mw per

ther mister)

2 pounds

130 in-

:}
260 m

{; volta_t:s (0-6.4 votts) s temper',,tures

(thermistors 0-5v)

1 percent of full bealc reading

The experiment must be sun oriented with an accuracy on the order of + 3 degret_so It

is also desirrdfie to lmve a measure of the orientation accuracy. This could be obtained

from fl_e primar._ cxperim,_nt.

5.2.3 TIIIN-I. II,M S()LAtl CI,:I [_,S

5.2.5.1 Baqk_grom_d

The development of high effici-ency, thin-film sdlar ceils could result in extl"emelv light-

weight space power systems. Consequently, research and development of thin-film cells

is presently receiving considerable attention, ltowcver, this x_ork is still in a very early

state of development. This is true' both from the standpoint of the theoretical understanding

of thin-film cell operation and also from the standpoint of materials rind fabrication tech

niqucs for m_'_d,:ing usable cells for space experimentation and application. A brief syn_,psis

of the present state of the art* of thin-film solar ceils is given bt, low, and w_ll serve, as a

background upon which a space ex3_erimcnt will be defined.

*The present skate of the art of thin-film solar ceils is presented in Reference 5-8.

5-30



The materials being most agressively investigated at present are cadmium sulfide (CdS),

cadmium telluride (CdTe), and to a lesser degree, gallium arsenide (GaAs) and silicon

(Si). Several techniques are being pursued in fabricating the CdS cells. These include the

following:

a. CdS, Type A Cell - The Harshaw Chemical Company is fabricating CdS cells

by the evaporation of a CdS film onto a metallic substrate such as molybdenum

or titanium. The barrier layer is formed by immersing the CdS film into a CuCI

water solution. This type of cell appears to be very susceptible to degradation

due to moisture and must be encapsulated in a plastic case such as Dupont H-Film

or Mylar for earth storage. Recovery of the cell after moisture degradation,

however, can be made by drying; depending, apparently, on the extent of the

degradation. Reliable space efficiencies appear to be two to three percent with

open circuit voltages of approximately 0.5 volts.

Do cdS_ Type B Cell - The National Cash Register Company is fabricating CdS cells

by first evaporating a CdS film onto a CdCu alloy substrate and forming the barrier

layer by chemically spraying the CdS film with CuS. These cells do not appear

to be moisture sensitive and apparently do not require encapsulation. The effici-

encies are generally about two percent with open circuit voltages of approximately

0.9 volts. This high open circuit voltage is not presently understood, however,

NCR states these cells can be made with a high degree of reproducibility with

the spraying technique.

Co CdS_ Type C Cell - Still another type of CdS cell is under development by the

Clevite Corporation. This is called the "Back-wall" CdS cell. These cells are

made by evaporating a CdS film onto a transparent substrate such as Dupont

H-film. The barrier layer is formed with a cuprious oxide slurry. The cell is

operated with the light energy incident on the transparent substrate. These cells

are apparently not effected by moisture. The efficiencies are one to two percent

with an open circuit voltage of 0.5 volt.
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The General Electric Company is presently developingfabrication techniques for the CdTe

cell. These cells arc madeby evaporating the CdTe onto a molybdenum substrate that

is coatedwith CdS. The barrier layer is formed by controlling the dopantduring_the

evaporation process. The major fabrication problem with these cells has beenthe appli-

cation of proper g-ridding material that does not deteriorate the cell characteristics with

age. The only material that appears to be acceptableas gridding material at this time is

gold. There does not appear to be a moisture problem, although this has not beenthoroughly

investigated as yet. The effieiencies are in the range of two to four percent with open

circuit voltages of approximately 0.5 volt.

The development of fabrication techniques for thin-film GaAs and silicon cells are such

that they cannot be considered for a space e.xperiment at this time.

The laboratory work that has been done on the radiation effects on CdS and CdTe cells

indicates that these cells are ve_* radiation resistant. Some test results on CdS cells,

fabricated by the techniques described previously, are given below.

Tests with electrons ranging in energy, trom 0.6 to 2.5 Mev show degradations of only

five to ten percent for doses of 1017 electrons per square centimeter. Similar results are

seen for protons ranging in energy from 2 to 10 Mev for doses of 1015 protons per square

centimeter. These are extremely high radiation doses for spacc application. However,

an interesting aspect of the electron irradiations, was that for doses above approximately

1016 electrons per square centimeter, the effects of the radiation appears to be very dose

rate dependent. Degradations of 50 to 90 percent have been seen immediately after an

irradiation of 1017 electrons per square centimeter at a high dose rate. Complete recovery

of the cells occurred; however, within a few days after the irradiation with the cells exposed

to room ambient light and under no load. This recovery shows a strong dependence on cell

loading during the annealing.
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5.2.5.2 E._eriment Obieetives

A space experiment with CdS and CdTe cells could shed light on a number of questionable

areas. For example, will the moisture degradation for at least one type of CdS cell be a

problem, or will the cells quickly recover once they are in space, regardless of the pre-

vious moisture degradation history ? Will the CdS be stable in the combined space environ-

ment of deep vacuum, ultraviolet radiation, particle radiation, and temperature; or will a

protective coating have to be applied to stabilize the surface? Are the cells stable against

the low dose-rate space particle radiation while under full solar illumination and power

loading conditions ? Do the cells have to have some minimum shielding against the intense

very low energy particle radiation? Will mierometeorites create an erosion problem on

unshielded film surfaces ?

A space exq_mriment can be desigmc<l that would attempt to ansu er sore(, ol these qm.stJons

for the CdSand CdTe cells. Specifically, the objectives of the experiment uould be lo

inves tigat e:

a. The recovery of moisture degraded cells in space

b. The effect of intense low energg' particle radiation and micrometcorites

on thin film surfaces

c. The need for surface stabilization against evaporation in the spac'e environment

d. The effect of low dose-rate energetic particle radiation oll cell output

e. An accurate determin:_tion of thin-film cell effieiencies ip, space.

5.2.5.3 Experiment Definition

The experiment would be composed of various combinations of cell assemblies, surface

t
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• coatings, and shielding in order to investigate the above listed objectives. Specifically,

these cell assemblies would be:

Type A Assembly - This assembly would utilize the T3_pe A CdS cell described

previously. The ceils would be encapsulated in Dupont H-film and would not have

suffered moisture degradation prior to launch. No additional shielding would be used.

This assembly would indicate the stability of this cell t3_pe and construction in the

space environment. It would also measure the space conversion efficiency of this

cell type.

Type B Assembly - This assembly would utilize the Type A CdS cell, however,

it would not be encapsulated and would have had considerable moistm'e degradation

prior to launch. The assembly would be shielded; however, to prevent low _,nergy

particle radiation and micrometeorites from impinging on the film. rhe shield

would be mechanically clamped over the cell assembly. The degree of recovery

of this assembly in space would give a measure of the need for ground protection

against degradation.

T_e C Assembly - This assembly would also utilize Type A CdS cells. The ceils

would be encapsulated with an evaporative material to prevent moisture degradation

prior to launch. The films would also have a surface coating such as SiO 2 to

stabilize the surface against evaporation in space. A mechanical shield similar to

that in Type B assembly w_uld also be used. This assembly would test the stability

of the films in space.

Type I) Assembly - This assembly would also utilize Type A CdS cells. The cells

would be encapsulated in an evaporative material to prevent moisture degradation

prior to launch. No shield would be used. This assembly would expose the film

surface to the space environment of low energy particle radiation and micro-

meteorites and would give a measure of the effects of this environment on cell output.
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Type E Assembly - This assembly would utilize the Type B CdS cells. No shielding

or surface coatings would be used. This assembly would give an indication of the

effect of the space environment on this cell type and would also measure its space

conversion efficiency.

Type F Assembly - This assembly would utilize the Type B CdS cells with a shield

Similar to that used in the Type B assembly to prevent low energs, particle radiation

and micrometeorites from impinging on the film surface. This assembly would

indicate the degree of evaporation of the film in space.

Type G Assembly - This assembly would be the same as Type F except a surface

coating would be used to stabilize the films from evaporation. This assembly would

serve as a reference for assemblies Type E and Type F so that the radiation, micro-

meteorite and evaporation degradation could be related.

Type H Assembly - This assembly would utilize Type C CdS cells. No shielding

would be used. This assembly would indicate how well this cell t)_e could withstand

the space environment and would also give a measure of its space conversion

efficiency.

Type I Assembly - This assembly would utilize the Type C CdS cells with a shield

similar to that used in the Type B assembly. This assembly along with the Type H

assembly would give a measure of the effects of the radiation and micrometeorite

environment on cell output.

Type J Assembly - This assembly would utilize the CdTe cell. No shielding would

be used. This assembly would indicate how well this cell type can withstand the

space environment and would also give a measure of its space conversion efficiency.
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T_3Lpe K Assembly - This nssend)ly would utilize the CdTc cell with n shield :_imilar

to that used in the Type I3 assembly. This assembly along with the Type J :tssembly

would give a measure of the effects of the radiation and micrometeorite environment

on cell output.

5.2.5.4 _.......N)eriment I)esign

A detailed design of the cell assemblies will not be attempted at this time. This will

require some development x,.ork on tec}miques of mounli:lg and cFLcapsulatin, g the cells.

However, the general layout would be similar to that described for the Rndiation Effects

on Solar Cells experiment described in Section 5.'2.1. It is antieipatud ,hat e:_ch of the

cell assemblies would contain at least five, one by two centimeter calls connected in

series. Each cell would have an individual loading resistor to load it to its short-circuit

condition. The overall voltage of each assembly would be measured. This voltage would

be approximately 50 my for these cells with a one ohm load on each cell in the five cell

assembly.

5.2.5.5 __E_xperiment/Spaeecraft Interface Re, Nuirements__ _

The interface re_Nuiroments for the thin-film solar cell experiment (a:ssuming a total of

eleven assemblies) are estimated belou.

Electrical Power Required

Weight

Surface Area Required

Instrumentation

Telemetry Accuraev Required

0.04 watts (2 thermistors at

20 mw per thermistor)

L,,ss than 0.5 pounds

30 in 2 (10 h_o x 3 in.)

11 voltages (0-50 my)

2 temperatures (thermistors 0-5 v)

1 percent of full scale reading

e

In addition the. experiment would have to be solar oriented and the solar orientation error

measured.
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5.2.6 SOLAR CONCENTRATOR REFLECTIVE SURFACES

Reference 5-9 provided the basic information on which this experiment is based.

5.2.6.1 Background

The energy sources which various space power systems employ can be grouped into three

categories: (1) solar, (2) nuclear, and (3) chemical. This experiment deals with those

power systems deriving their input energy from the sun.

The majority of the solar power systems, such as:

a. Solar Thermionics

b. Solar Thermoelectrics (Concentrating Design)

c. Concentrating Photovoltaics

d. Solar Dynamic (Rankine, Stifling, Brayton).

depend on a solar concentrator to collect and concentrate the solar energy. A great deal

of effort has already been expended on development of the potential space power supplies

listed above. Considerable progress has been made in the development of accurate, light

weight, highly reflective concentrators. However, the question of how well highly reflec-

tive surfaces will perform, and resist degradation in the space environment must be

answered before any of these systems can seriously be considered for space applications.

Actually, very little has been done on this problem for two reasons: (1) the uncertainty in

the space environment, and (2) the difficulty in simulating effectively those characteristics

known to be present. The problems of simulation become particularly difficult when the

necessity for long duration tests and combinations of physical effects are considered.

The solution to this critical problem is a long term space evaluation of concentrator re-

flective surfaces. In November, 1963, Electro-Optical Systems, Inc. (EOS) completed,

for NASA-Langley, a feasibility study of a flight experiment for accurate determination of
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the performance of the reflectiv(, properties of solar concentr:_tors. The r__s_:lts of the

Electro-Optical Systems study, although altered bomewhat to be compatible :vith this appli-

cation, served as the basis for the experiment proposed here. The primary difier,:nt'e

bet_veen the experiment as proposed by EOS and the version describe,! here i_ th'_t the

EOS results were for a primary experiment with its own launch vehicle, attitude control

system, telemetry systems, etc., and in the application being studied here the experiment

would be secondary to the solar thermionic flight experiment. In this capacity the experi-

ment _vo_fld make use of many of the spacecraft functions associated with the primary cxt)eri-

ment and therefore too,st of the supporting subsystems required for the VOS expcriment

would not be needed, tlowever, the habit experiment is the ore, ciesiEmed l)v t.:OS in t{ef-

erence 5-9.

At present, it appears likely that an experiment similar to the one describt_d here will t_e

flo_na before a solar thermionic flight experiment could be orbited. This is hio:hlv desirable

since it would provide information for selecting a surface for use on the cop_centrator era-

ployed in the solar thermionic flight experiment, t_ven if several cxwri_,ents ,:,_ this typo

were flown before the solar thermionie experimen_t, it is very likely that additional space

experiments would be m_eded to completely evaluate concentrator surfaces in the space

environment.

5.2.6.2 Experiment O_jectives

The objective of this experiment is to perform a long term performance evaluation, in the

space environment, of the reflective properties of solar concentrators.

5.2.6.3 E xperianent Definition

Environments to which materiMs in space will be exposed can t)e classified into the following:

a. Temperature

b. Pressure
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c. Meteoroids

d. Electromagnetic Radiation

e. Geomagnetic Fields

f. Charged Particles.

The effect of these various factors was investigated in Reference 5-9 and the conclusion

was reached that the most predominant causes of reflectivity degradation would be:

a. Sputtering due to low energy protons

¢
b. Ultraviolet radiation which produces photo-chemical changes in dielectric and

anodic coatings

c. Micrometeoroids.

To be truly effective then, a flight experiment must measure the relative effect Of these

three primary sources of degradation on concentrator performance.

The basic measure of performance for a concentrator surface is reflectivity. The experi-

ment then would measure reflectivity versus time for various concentrator surface samples.

The samples would consist of combinations of the following surface components:

a. Substrate (plus backup structure)

b. Undercoating

c. Reflective Layer

d. Overcoating.

The samples would be selected to represent the material combinations from which con-

centrator surfaces are currently constructed.

Since reflectivity degradation may be a function of temperature, the experiment would be

designed such that the surface samples will operate in the temperature range comparable

to what they will see in a typical space application.

be measured.

The temperature of each sample would
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The samples would be oriented to the sun and for complete evaluation, measurement_

wouht also be made of the low energ-y proton spectra, ultraviolet radiation and the micro-

meteoroid population.

5.2.6.4 Experiment Design

The basic experiment configuration is shown in Figure 5-12. It consists of a 24 inch diam-

eter cylinder, approximately 8 inches long. The reflective samples (1.5 inches in diameter)

are mounted on the fiat end of the cylinder which would be oriented to the sun. A total of

25 to 28 samples would be tested. Separating the effects of the various degradation factors

would be accomplished by occluding the sun from some samples so that essentially only

particle radiation strikes them, covering other samples with fused quartz se that essentially

only electromagnetic radiation strikes them, and exposing the other samples to the total

space environment.

The samples are arrm_ged in a circle at the center of which is a rotating arm which is a

part of the reflectometer. This arm would measure all samples; plus, 0 and 100 percent

calibration points. The zero percent calibrationpoint is a cavity"and the I00 percent point

a fused quartz roof prism. The arm only rotates when measurements are performed nnd

covers the calibration positions in the standby mode thus leaving the samples exposed.

A temperature measurement would be made on each sample to evaluate its performance and

allow the calculation of absorptivity/emissivity ratios and emissiviW. These temperature

measurements would be made with thermistors. The range of temperature variation of the

samples would be contTolled by careful design of their surrounding thermal environment.

In addition to measuring reflectivity and temperature of the samples, measurements would

also be made of the low energy proton spectra, ultraviolet radiation, and micrometeoroids.

The means of making these measurements are covered under secondary scientific experi-

ments (Section 5.3).
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A list of preferred experiment samples are given in Table 5-2. These samples rew'esent

those surfaces presently being used on concentrators. Various arrangements of shielding

are used to evaluate the relative effects of the major degradation factors.

An ideal orbit altitude for this experiment would be 10,000 nautical miles, since this alti-

tude exposes the samples to the maximum low-energy proton fltLxes. However, the actual

orbit selected must represent a trade-off bet_veen launch vehicle capabflig,, cost, relia-

biliW, etc. The EOS study recommended a compromise elliptical orbit with a apogee of

4000 to 5000 nautical miles and a perigee of 300 nautical miles. This recommended orbit

had an inclination of 37 degrees.

5.2.6.5 Experiment/Spacecraft Interface Requirements

The interface requirements for the solar concentrator reflective surfaces experiment are

summarized below:

Electrical Power Required 2.6 watts (2 watts for reflectometer and

0.6 watt for 30 thermistors)

Weight 27.0 pounds

Surface Area Required
2

452 in. (a 24 in. diameter circle)

Volume
3

3616 in. (cylinder 24 in. diameter by

8 in. long)

Instrumentation 1 voltage (0-20 mv)

30 temperatures (thermistors 0-5 v)

Telemetry Accuracy Required 1 percent of full scale reading
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•Table 5-2. Experiment Sample Selection

and Separation of Effects

NO.

1

2

3

4

5

6

7

8

9

i0

11

12

13

14

15

16

17

I8

19

S[-BSTRATE

Ni

Ni

Ni

Ni

Ni

Ni

Ni

Ni

Ni

Ni

Fo,_ m/Mylarf

Foam/Mylar

Foam/Mylar

Foam/Mylar

Foam/Mylar

Foam/Mylar

At/Epoxy

A1/Epoxy

A1/Epoxy

L_" DE RC OA T

SiO

SiO

SiO

SiO

SiO

SiO

SiO

SiO

SiO

REFLECTIVE

C O.A TLNG

AI

A1

A1

A1

A1

A1

Ag

Ag

Ag

Ag

A1

A1

A1

A1

A1

AI

A1

A1

A1

OVERCOAT

Si203

Si203

Si203

High c

IIigh ¢

tligh

SiO

SiO

SiC)

SEPARATI©N

OF EFFECTS

Surface mmmted,

no shield

Partially recessed

"_,'_dlv recessed

No shield

bun shield

Particle shield

No shield

Sun shield

Pnrticle shield

Totml shield (control)

No shield

Sun shield

Particle shield

No shield

Sun shield

Particle shield

No shield

Sun shield

Particle shield
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Table 5-2. Experiment Sample Selection

and Separation of ElfeeLs (Cont)

NO. SUBSTRATE

20 Epoxy

21 E pox-y

22 Epoxy

23 Epoxy

24 Epoxy

25 Epoxy

UNDERCOAT

SiO

SiO

SiO

REFLECTIVE

C OA TEq G

A1

A1

AI

AI

A1

AI

OV E RC OA T

Barrier layer

Barrier layer!

Barrier layeri

I SEPAIIATI()N

OF EFFECTS

No shield

Sun shield

Particle shield

No shield

Sun shield

Particle shield

In addition to the indicated instrumentation, measurements of the low energT proton spectra,

ultraviolet radiation, anti micrometeoroids would be required for complete evaluation of

the experiment. Measurement of these quantities is covered in Section 5.3.

This experiment also requires sun orientation and a measure of the orient.qtion error. "Fnis

information would be available from the primary solar thermionie experiment.

The basic experiment designed in Reference 5-9 and described here was desial_ed to be

compatible with a considerably different spacecraft configuration. A redesi_ of this ex-

periment should be considered to make it easier to integrate with this spacecraft and to

reduce the weight ff possible.

5.2.7 THERMAL CONTACT RESISTANCE

5.2.7.1 Background

The designer of moderate to long-life spacecraft contmining heat sources and heat sinks is

frequently faced with the problem of providing adequate heat flow paths between heat gener-

devices such as electronics, power sources or energy converters and structural heat
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sinks. This problem is complicated even further, when such components and subs',stems

are attached by means of t)olted or riveted com_ections to allow for their removal at any

time prior to launch. Such methods of fastening often introduce an undesirable additional

temperature drop at the plane of attachment, which is due to the thermal contact resistance.

Several applied research, as well as engineering studies, are currently underway on the

subject of thermal contact resistance in vacuum to: (1) improve our undertstanding of this

phenomenon, and (2) to find practical ways to control it by means of filler and shim materials.

A research study on this topic is currently being conducted by the General Electric Space-

craft Department under NASA Contract NAS _-11247. A report on an earlier study (NAS 8-5207)

is available (Reference 5-10). These eftorts trove been directed primarily toward item (1)

above; to improve understanding of the basic phenomena and methods of predicting perform-

ance. The areas of practical applications, and engineering _pe studies have received little

systematic attention (Reference 5-11), although they are urgently needed for many space-

craft applications. For example, heat transfer promoting fillers such as high-vacuum sili-

cone grease have been sho_-n to be excellent contact resistance reducers ,and are currently

used on electronics parts (Reference 5-12). However, little or no knowledge exists on their

behavior under extended space flight conditio_m. Evaporation effects, if any, and subsequent

deterioration or condensation effects can only be studied cffectiveh, in space flight experiments.

5.2.7.2 Experiment Objectives

The objectives of this experiment are:

a. To study the thermal performance of metallic joints under load (luring long term

exposure in vacuum

b. To observe by thermal contact means the possible "cold welding" effects of a

metallic joint under load, since this may have significant effects on contact heat

transfer
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To study the thor}hal p(q'f_,rnmnce (,f metnllic ,_mt_. ,,ith :-_ non-l,_,.t;,!lic heat

transfer pron_ Jt;b:: fillcr (itJ_in,,_ I,m:,_ t _']_, i:i,,_h-v',_ctJun': e\t)o._ure (in l_articular

de-_assin g effects a'il! l_e c_n.-:i_lc._Te,t ).

d. To study tt_e degr_-c of thermal perforn-ance detcriorqti_m ()f the shove i,_ints duria_g

lauzlch :,.lid ethel" severe onvLronnt(,nts ,"ss,,ciated \_[LI1 flight preparation.

",. 2.7. :_ .E'_:D _gij_\_c:'_t Dt.g____)tLon

t
Most previous slt:,lit's (References ,-.'-1( _ ap,({ 2-1:;_ 1-,rovi(i., new insiaht into the shc, rt rnna_.

thermal problem, hut do not consider the l(ma t:'r'm cffec,s which coul,l mm-_hf,st them._elves

in the form of elastic recovery, plastic flow, :_n_i most importanlt3; w_cuum ,ffS"cts on

evaporation of surface material or filler m,tterial. The elastic-pl:_stic eft'oct:; '..law' been

studied in a vacuum to a limited .'legr,._e })5' Cord'cr (l{cference 5-14) in Fr'mce. ttowever,

only qualikttive data is :_vni!abie at present. There is no dotS)t thai such effects will have

a bearing on the teermal perf.,_rmancc ,.ff j,.d_.ts i,,. long-life space vehicles. Su('l_ eff_:cts

dese_we study in the space ep, vironmc_t vm_cr t t,ntrolled c,,nditions, since poor l;,_,rft_rm-

nnee of such a joint cotfld )e,_pnrdize thermal re}iai_ilita- of n mission. The t.rel,oscd extx_ri -

ment would requir,, a (oncurr_,nt _rr,m,,t h:ts(,,! (.-;];cr_m_:._lt to permit |abornlo, k checks aim

verification of tu_usual llight _ xperimcnt result._. !here is very little reliable data on the

time-relaxation effects of tt_ermal contncts or j('int., ar,.,t the thern_.al !,c.rformance effects

on such joints in a gravitational field. There i_ _o such d,qt_a available for re_htced ,_r non-

gravitational systems. Yet such effects ("m hew' _n ir.._t_ovtnnt bearing on a spnc(.('raft's

thermal perf,_rmance. The proposed exIx_rimcnt.s shoul(! provide such dat_.

A further problem of interest is the' frequently me_tioned "cold x:eldJa,.g" effect:; of metallic

surfaces ,ruder load in high x:,cuum. The effect:_ of such ('old w(,ldin_ should l)c (_hservat,le

by a change in tim thermal .o_mtaet heat tr:msfer this ",,v_mld be monit(,red.

The effects _,f outgassin__ of the contact interface <or;tninir..a n low volntility, non-metallic

shim or a ve_.'y thin layer of hieh-vacuum silicore gT(.asc is another area of interest.
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Current practice in spacecraft mounting of high heat dissipation components makes use of

an electrically insulating, thin glass-epoxy laminate shim to improve heat transfer. There

exists a high degree of uncertainty on the long term thermal performance and reliability

of such materials in vacuum. The proposed experiment using such a shim is of vital interest

for long-life planetary exploration vehicles.

A related area of need for more information is the use of high-vacuum silicone grease,

which is currently used on spacecraft for improving (by a factor of 2 or more) the heat

transfer of metallic joints. Data in References 5-12 and 5-13 supports this remarkable

improvement. Data from a flight experiment should prove highly useful for future programs

to indicate the degree of heat transfer deterioration, if any, due to a gradual loss of grease

volatiles. This portion of the experiment would have to be enclosed and vented to the out-

side of the vehicle in order to avoid any possible interference with adjacent experiments.

5.2.7.3 Experiment Design

The flight experiment would utilize three samples (approximately 1.3 centimeters in diameter

by 3 centimeters long) of the configuration shown in Figure 5-13. The temperatures would

be measured by thermistors. One of the problems still to be solved is 'how to handle the

power dissipation of the thermistor and its effect on the measurement accuracy. It may be

possible to solve this problem by ground calibration in a vacuum cbamber.

The heat flux measurement would be accomplished by use of the measured temperature

gradient and the previously measured thermal conductivity k of the sample cylinders. Thus:

q = k dT
A dx '

where all quantities, except q, are known or measured. The multiple use of the thermal

gradient for both heat flux as well as interface thermal resistance temperature drop meas-

urement is one example of maximum utilization of telemetry information. It should be
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noted that the flightexperiment ,aould not use guard heaters, but wotd,i :_.ceon,pli_._the

same.effect by careful thermal desig-n.

The heat flux would be provided by _n einbedded resistan( ,:' heater on one end of the sample

cylinder. A heater made from a nmterial that exhibits a small resistance variation with

temperature would be used and the voltage would be monitored to avoid fluctuations. There-

fore, a regulated power supply would be required.

The lllealls for heat rejection on the heat sink side of the contact cylinder nssembly would

be one of the m,_jor items to be considered during the experiment desigm phas(..

The initial design would attempt to operate with sufficiently large thermal m.as._ and limited

radiation couplin_ with the spacecraft skin to avoid cyclical temperature variations. It is

expected that such a system can be nmde to work. Should analysis indicate differently,

then a simple, passive g'pe thermal control utilizing a thermal switch or a hi-metallic

radiation shutter would be installed bet_veen the heat sink and the vehicle skin or stringer.

The experiment modules would be stacked as sho_n] in Figure 5-14. For conti,'mous opera

tion each modtdeuouldrequLretx_o_vatts of heater power. If the power available is limited,

the experiment could be operated on a periodic basis with the modules being energized t,v

program or command, ttowever, in the silicone grease sample continuous operation _,,uI(i

be required to obtain meaningful results.

The mechanical load on the sample would be provided by a structural frame made of a

hollow box section as shown in Figure 5-14. The load adjustment would be made by me,_ns

of screw-type loadcell assemblies.

The temperature of the test specimens would be measured at eight points as shox_3_ in

Figure 5-13. Each measurement would be performed through the use of glass bead

thermistors imbedded in, ,and in good thermal contact with, the specimen metal. In order
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to minimize error in the data, a certain number of measurements involving temperature

differences would be made with thermistors connected in bridge circuits such that only

signals representing temperature differences would be generated and presented to the

telemetry subsystem. For gmall temperature differences, the signal voltage V is very

nearly directly proportional to the temperature difference between thermistors _ and
1

2"

Each temperature measurement would require approximately 20 milliwatts and would

generate a 5.0-volt full scale output signal when operated on 20 to 30 volts.

5.2.7.4 Experiment/Spacecraft Interface Requirements

The interface requirements for the thermal conductance experiment (assuming three modules)

are:

Electrical Power Required 6 watts for heaters

0.6 watt for 30 thermistors

Weight 7.2 pounds

Overall Dimensions 6in. x6in. x lOin.

Instrumentation 30 temperatures (thermistors 0-5 v)

Telemetry Accuracy Required 1 percent of full scale reading

A regulated power supply is required.
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5.2.8 _FRARED DETECTOR

5.2.8.1 Background

The Materials and Processes Laboratory of the General Electric Spacecraft Department

has developed a new concept in infrared detectors. It utilizes a semiconductor material

(silver-doped tellurium) in a vacuum-deposited thin film as a thermoelectric detector with

an exceptionally high thermoelectric power. The result is a thermal detector with high

sensitivity and a flat spectral response.

A good thermal detector has several advantages over the commonly used thermistor bolo-

meter. Itrequires nobias supply, eliminating this source of noise; signal voltage is the

only potentialin the detector circuit, minimizing microphonic noise from stray lead

capacitance; and the detector is self-referencing, eliminating the need to chop the input

radiation to avoid reference tracking error. Eliminating the chopping requirement suggests

the possibility, of a completely passive (no moving parts) sensor with good accuracy and

greatly increased reliability.

A versatile, conceptual design of an earth sensor employing the new detector has been de-

vised. It includes simple, reflective-cone optics in a radiometer balance configuration.

At least three separate detection heads, and possibly four, would view segments of the

earth and space at equal intervals around the horizon. Use of relatively large viewing angles

would provide maximum signal as well as minimize the effect of local variations in earth

radiance.

Based on early Tyros data, the use of a narrow infrared passband centered on 15 microns

has been proposed as ideal for earth sensing (Reference 5-15). This is the carbon dioxide

absorption band in which, if a sufficiently narrow band is chosen, the earth's atmosphere

is opaque. The atmosphere thus tends to average out variations in surface radiance and

present a more uniform surface. Calculations have shown that interference filters passing



only a two-micron band canbe uaedin the ._cnsur co_lfi_ul':!tioI_ prc)p(_sed :_mi th(, _(','_',itivc

detectors will still produce a usable si_mal with one degree or les_ change in vchic!t attitu(ie.

A highly reliable earth sensor of the _-1_._ proposed here will find ma:_v applications on

long-life earth referenced vehicles, including meteorological and commtmication satellites.

Since the solar thermionic flight experiment will not maintain an attitude with respect to

earth, it will not l_e practical to check orit a complete earth sensing systom. However, ti_e

important sensor feasibilit3' questions can be answer(_d equally well with a sun-referenced

vehicle. Sensin a heads can be located such that the earth ",viii pass through their fields-

of-view during each sakqlite orbit, thus cycling the sensors to alternatel,v view earth an_l

space, Valuable inforn,,ation concerning detector stability in the space environment would

be gained. _, addi_on, cadeulations of expected signal level and 1,t to 16 micron radiance

variations can be checked exI_rimentally. Specific information on the variations in radiance

in the narrow, 14 to 16 micron band is especially important since this determines the limit-

ing accuracy of the radiometer bManee sensor.

5.2.8.2 Experiment Objectives

The objectives of the infrared sensor experiment are:

a. Obtain stability_ data on a new infrared detector in the space environment

b. Check calculations of expected sigmal levels from a detector hea,] aeceptin_ ener_;w

only in the 14 to 16 micron band

c. Measure variations in earth i'adiance, in _e 14 to 16 micron i:,_md.

5.2.8.3 Experiment Definition

A sateUite oriented to the sun offers some positive advmltages in evaluating this new earth

sensing concept. Since the solar (Hrectionwill be nominally fixed with respect to the vehicle,
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the infrared sensing heads can readily be located such that the sun is never in their fields-

of-view. Thus, no special design precautions, either optical or electronic need be taken

to avoid problems caused by the sun. The extent that the sun would be a problem in a

sensor system can be determined in a laboratory and need not be evaluated in space. How-

ever, a flight experiment will provide the missing information required to properly deter-

mine the feasibility of the sensor design concept. This information, in sufficient detail,

can be obtained in no other way.

5.2.8.4 Experiment Design

A very simple experiment is proposed, consisting of cone-detector Sensing heads and

associated electronics for amplifying and conditioning of the signals for telemetering. In

addition to the telemetered signals, several diagnostic readouts including temperature and

Power monitors would be desirable. A command on/off capability would be required, since

data need be taken only periodically to meet all experiment objectives.

Figure 5-15 shows schematically the sensor head configuration proposed, and Figure 5-16

is a block diagram of the electronics. The electronic circuitry consists basically of a

chopper stabilized amplifier. The input signal will be electronically chopped using the

basic concepts of a low level, solid state multiplexing circuit developed by General Electric.

This is followed by a low-pass, ac-coupled amplifier. The signal then passes through a

delayed gate synchronized with the chopper/modulator such that short term switching

transients are eliminated. Finally, a synchronous demodulator provides a d-c output signal

for processing to provide the correct level and output impedance for the telemetry circuit.

5.2.8.5 Experiment/Spacecraft Interface Requirements

The interface requirements for the infrared detector experiment are summarized below:

Electrical Powe_ Required 1 watt for electronics

0.1 watt for 5 thermistors
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Weight 3 pounds

Overall Dimensions 4in. x6in. x8in.

Instrumentation 1 voltage (0-5v)

5 temperatures (thermistors 0-5v)

Telemetry Accuracy Required 1 percent of full scale reading

The sensing heads must be located on the spacecraft in such a position that the earth will

pass through their field-of-view during the orbit.

5.2.9 LASER EXPERIMENT

5.2.9.1 Background

The use of lasers and applied optical technology for space communication and tracking has

been the subject of several recent investigations and con_iderablc Lnterest has been generated

in this field. This area of laser application is in the very early stage of development. The

first laser satellite experiment was launched on the NASA-GSFC S-66 satellite on October 9,

1964 (see Reference 5-16). The objective of this experiment was satellite tracking by means

of a ground based laser and corner retroreflectors located on the spacecraft. NASA

announced successful laser tracking of the S-66 satellite on November 9, 1964.

In connection with the work performed to date, several areas have been identified which

presently constitUte limitations on the confident prediction of optical space system perform-

ance. Presently available data is mostly derived from astronomical observations, labora-

tory experiments, and deductions based on theory. This data, based on terrestrial ob-

servations and usually taken for an unrelated purpose, is often inadequate for the design

of space optical systems. Before lasers can be established as an operational means of

,y.
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space communication and tracking, many experiments of the type performed _,I, tht- S-6C,

satellite must be conducted. The types of information needed can be classified in f,)ur

categories:

a. Measurement of the optical properties of the earth's atmosphere

b. Measurement of the optical properties of the space background

c. Determination of the effects of the space environment on optical and related

components and systems

d. Demonstration ,and evaluation of protob, pe communication and tracking systems

under space conditions.

Obviously, numerous space experiments will be required to obtain this information so th,_t

a variety of experiments could be proposed for inclusion on the solar thern',ionic flight

experiment spacecraft. In this study, a modulatable corner reflector experiment is pro-

posed. This experiment falls under (d) above and would demonstrate the feasibility t,f usin;

a laser system for telemetering data from spnce vehicles h_ earth. This experiment u'_s

selected because it is considered typic_ of the type of laser experiments that will bc _,f

i',terest in the 1967 to 1969 time period.

5.2.9.2 Experiment Objectives

The objective of this experiment is to obtain an early demonstration of r__trortffl(,ct_r

communication, including a test of the space environment effects on modtdatable corner

reflectors. Also, such an experiment w_l provide valuable data on the attenuation, scatter-

ing, and refracting properties of the atmosphere.

5.2.9.3 Experiment Definition

Modulatable optical corner reflectors have been proposed as a means for trmlsmitting d._ta

from a satellite to aground station by means of semi-passive satellite equipment. The
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corner reflectors have the pr,,ix.,:t3 , of returnin_ incident light ial a recil;r,,cnl direction in

a narrmv l_eam. Thus, if tl_e satellite carrvh_ tht- eta'her reflectors is illun:in,qted !_v an

earth based laser, the return beam will he detected hv an adjacent rv,(:eiv_.r. "Fhi:-. has been

demonstrated in the NASA-GSFC S-g6 satellite cxperin,ent. 'I2qe corner reflectors consist

of three orthogonal pla,m reflecting surfaces. If the planeness or oethogonali>" of the re-

fleeting su.rfaees is even slightly disturbed, the collimation of the return l,egtm ._ill l_t,

decreased and the ground receiver ',viii detect :_ ('h:m_e in sigmal an_plitu,k.. A meth-d of

distorting the corner reflectors :_c_'_rdin_ to n function of the? data to he t,.'m_smitted thus

produces amplitude modttIation in the receive¢! sig-nal \_hich cali be proce,s,<c:d to recover

the data. The advantage of this c-'mnmnicaticm r_c.llnJqu_, is that the siz_m] !>'.vcr is a_ n¢'rntc,t

in the _round st_qtion, the power required to distort the corner reflectors bein:_ ver_" small.

Further, the corner reflectors do not need to bt, pointed accuratclx ; the acceptance angle

can be hemispheric or more.

Figure 5-17 shows a developmental model of a t_iezo-eleetric modulatnhle retro-reflectol.

Figure 5-18 shows the S-6G satellite retro-_reftector panel, ffiving near hen_isl_heric c_,verageo

5.2.9.4 Experinmnt i)esi_n_ -

The major eomp,ments of the experiment are:

a° Ground based laser

b. Ground based receiver

c. Satellite reflector panel

d. Modulating electronics (located on sal_.'llite}.

The ground based laser and receiver can he ren,tily adapted from equipn_ent now available

at NASA-GSFC, GE-MSD, or elsewhere. Thi;s equipment would pro,vide a {tat.q rate ,.,f

about one bit per second. Further development of ground equipment mav increase the ,".r_ta

rate to tens of bits per second, depending on the available pulse rate of the laser.

.):, ....
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Several ts'pes of modulatable corner reflectors have 1)een investigated, Jalcluding pie/o-

electric quartz or ferro-electrie ceramics, magmeto-strictive deflection, and electrosk_tie

or electromagnetic deflection (Reference 5-17). Further work is needed to select and

optimize the most suitable type for this experinmnt. Depending on the type chosen, the

driving electronics will consist of a low power source of voltage or currex,t excit_tion which

in the simplest ease will be triggered by ground radio command.

The retrorefleetors will be mounted in a panel on the Shade side of the satellite. The total

area of the panel should be at least 16 square inches, and preferably larger,

The proposed method of modulation by ground radio command provides a demonstration of

retroreflector communication, without however, the capability_ of actually transmitting

satellite generated data. If desired, this capability could be provided by including a satellite

laser receiver as described in Reference 5-18.

5.2.9.5 Experiment/Spacecraft Interface Requirements

The interface requirements for the laser experiment :,.re:

Electrical Power: Required 1 watt for electronics

0.06 watt for 3 thermistors

Weight

Exposed Surface Area

10 to 15 pounds

16 in.2 (minimum)

Overall Dimensions 2 in. x 2 in. x 1 in. (electronics only)

Instrumentation 2 voltages (0-5v)

3 temperatures (thermistors 0-5v)

Telemetry Accuracy Required 1 percent of full scale reading
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5o'2.10 LOW 'FttlILYST 1,7I,I.CTtI1C I-2.:GEN t:;

5.2. !(t. 1 Bac.t:grcui_t

The tow thrust,q_c.tric engine consists ,,! :: pr,_t,cilant , a propellant food :_rranaelL_ent rind

a means for aene,'._ting an electrical discharge across a ._urface of tl_e prol_e!l:tnt. The

electric arc is used to abl,_tc a s_,li,t ¢_r selnis,Jli_; lt!_ I arid then to, eiect the resu!til;Z m.ate_'ial

from a nozzle forired by the arc electro:tes. "i"he ,tevice _.an tie c.rmsidored a f:,ri'_.l of pulse

plasma "_ccelernt,-,r with a a(_vel method of fu',pellant feod. 1'\ ctmn,_,'ing the <'r('rg3', the

number, and freq'mncy {,i _e _tise._arges: thv :.n:,,unt and physical characteri:alics ot the

_as resultme: frrl_n tht_ propellr_nt :_])latloli (',ql_ i,_.: v:ll'ieti ;t1_i thUS thl:ust a_:{ :--,"_ :'ific im-

pulse can t,e varb d.

Low thrust electric (mgines at_,pear vet\ attrnctix.e IoF s|,act, propulsion applications s',-ch

as spacecraft attlIude control, orbit statio_ ke_t_ln_, ;_ad ,,r!-it _.c,'_q_tricitv chane'es. Some

of the advantage._ of this 1_,,.,. thrus{ ,tevi,.c _.,,i,.u,:_ce_ _ with t>.,' i:,_,re cr_r','¢,i_tion'_l cold r._:_s

means of propul._,m arc listed I,elox_ :

a. No pneur.mttc, tubitig, fittinas, c,r \aivi_,( n,e cee_ie_l, l'b.e onh vonn,',,,tion t_, th_

engine is electrical. The fuel is stor( '_ at each t'il2, illt ,_1" clust,,r of ,,n!2ines.

b. Lower fuel wei<ht, and sinco high l]I'ess.il'(, .,as_ . ,- ' is _,,,t us,,d, vc','v 1,_w tank acight.

Fur_ern:ore, no cata:tr_ohJc _.a>: [c:_'L:,_e is , vt,r pos>i!,lc.
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c. Large rm:.ge i_ thrust level is possib'_c ,>',' simply varying the t_c>,,_er input.

do Redundency is ensily provided and relial,ili_: is inherently hi_he_" since failure

of one engine (or pair <_f engines if con ,_o'._ fuel storaae is used} ,.lots n,_t ._ffe_'t

the remaining engines.
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e. More precise nttituiiccontrol performance can be ,_ttaineddue to the very small

impulse bit generated by the engine.

fo Problems associated with valves capable of metering and/or sealing small flows

are avoided.

g. This memos of propulsion permits the desigm of high performance electrical pro-

pulsion devices in the very low ranges of thrust previously unobtainable.

h. The system has no mechanical moving parts, is rugged and compact, and offers

long-life operation at very high reliability.

Although their approaches differ somewhat, numerous companies (GE, EOS. Ford, Philco,

American Standard, Rocket Research, etc.) are actively developing low thrust devices.

The development of low thrust electric engines for a wide range of applications was initiated

by the General Electric Spacecraft Department in 1962. This work has been carried to a

point where successful performance has been demonstrated for many thousands of operations.

A family of experimental ,:,_,__'_*_;'_,,,_ eng_n_q....... is shox_m in Figure 5-19. Work is prcst'ntly

underway on measurin_ the very low values of thrust associated with this tyl_e of propulsion

system. Figure 5-20 shows a thrust measurement being made on an electric engine. The

next logical step is demonstration of the low thrust electric engine in the space environment.

5.2.10.2 Experiment Objectives

f

The objectives of this experiment are:

a. To demonstrate the performance, reliability, and long life of a low thrust electric

engine in the space environment

b. To demonstrate the use of low thrust electric engines to perform spacecraft attitude

control functions

J
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Figure 5-20. Electric "i, cm Fh:',, Sta ,di,_,_m .... :_t (I_; I_stv:m;ent_d Vacuum Chamber)

e. To measure the engine thrust in !he sp::cc envirol_nent and correlate it with the

calculated values :_nd _c,_urenicz_t_, m:_dc on earth.

5.2.10.3 E__eriment l)efinition

The state of developmenL of the low thrust electrical engine has reached the poi31t where a

space experiment is in order. The primnrv reason for such an e\_periment is to prove this

type of propulsion in the sp0ee envi:'onme,_t. .\tso, space off('rs an ide,-fl environment for

measuring the electric engineb ex:rcme 1o',,, thrust (10 (; -5to ll) pounds), which because of

the need for a zero g environment, isolation from vibration and a deep vacuum is difficult to

do on earth.
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In addition to evaluating the engines performance and reliability under actual space condi-

tions, it is desirable to have the _ngine perform some useful ftmction on the spacecraft.

In colmeetion with this particular application, it appears feasible to use [ou thrust electric

engines as an alternate or experimental means of controlling the spacecraft roll rate.

5.2.10.4 E_-periment Design

The_solar thermionic ex-periment only requires that the spacecraft be oriented about two

axes (pitch and yaw). There is no requirement for roll axis orienlation, ttowever, in

order to avoid gTroscopic cross-coupling problems or torques from inertia products, it

is necessars- to keep the spacecraft roll rates low. The spacecraft attitude control system

would accomplish this by the use of cold gas jets. V_en a preset roll rate was reached,

the cold gas jets would fire with sufficient impulse to reduce the roll rate to essentially

zero. The disturbance torques would then slowly increase the roll rate again until the

threshold value was reached and the propulsion cycle repeated.

_l'his ex-periment proposes to use electric "engines for control of the spacecraft roll rate.

The ex_periment would be desigoed so that upon ground comm.'md, control of the spacecrn_ft

roll rate would be s_vitched from the cold gas system to the low thrust electric engine

experiment. The capability would also be provided to s_itch back to the primary cold gas

system by means of ground command.

Based on the anticipated disturbance torques, a total impulse of approximately 10 -3 lb,sec

per cycle would be required once every 1.2 days. This would be accomplished by two sets

of engines firing in the roll plane. Each set of engines would have thrust capabili_, in two

opposite directions. Thus, if thrust were desired to counter a clockwise roll of the

spacecraft, the counter clockwise engine in each engine set would be fired. Assuming an

engine thrust of 10 -7 pounds per pulse this means that to obtain a total impulse of 10 -3

lb-sec, the two engine couple would have to fire for approximately 1.4 hours. Electric

engines of this size would require approximately two watts per set and operate on a

voltage input of 24 to 28 volts.
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A circuit voltage measurement would be made on e'ich of the four CJngincs to monitor their

performance, hfformation from the roll rate K_'ro would be used to calculate the engine

thrust.

5 o2.10°5 Experiment/Spacecraft Interface Requirements

The interface requirements for the low thrust electric engine ex_perimcnt tire:

Electrical Power Required

Weight, Electronics

E_gines

'2 watts for e_ch pair

(couple) of engines

2 pounds (total)

0°25 pounds (4 engines)

Overall Dimensions, Electronics

Engine

4 in. x 3 ha. x 3 in. each

pair of engines

] in. (liamt_tcr x 2 in. long

(per engine)

Instrumentation 5 voltages (0-5v)

Since the mode of operation only requires that two of the engines operate at a time, the

power requirements would never exceed two watts. The engines operate on an input

voltage of 24 to 28 volts. Itis desirable to keep the electronics as close to the engines

possible.

The engines would be mounted so as to form couples acting in a plane perpendicular to

the spacecr_fft roll axis.

5.3 SCIENTIFIC EXPERIMENTS

Each Of the scientific experiments considered is described in this section.
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5,3.1 INTERPLANETAIIY I)UST _IICIIOMETF(IIIOIDS)

The micrometeoroid experiment, as presented here, is designed to measure interplanetary

dust. As such, it would require an escape orbit of the solar probe type. Hox_e\'er, it is

typical of a micrometeoroid experiment and would require only minor modifications for an

earth orbiting case in which measurement of the micrometeoroid population would be confined

to the region around earth.

5.3.1.1 Backgromad

The zodiacal light, a phenomenon observed for the past three centuries, has at various

times been attributed to the scattering of sunlight by dust partie,es whose radias lies in the
-3

range 0.2 to 100 microns, free electrons with a number densits" in the order o2 600 em at

1 AU from _'.e sun, and a combination of both. Before 1953, it was generally accepted that

interplanetary dust was the principal scattering _gent. Behr and Siedentopf (Reference 5-21)

performed a series of polarization measurement'_ from which they concluded (assuming that

the degree of t'olarization l',roduced b5 light scattered from dust particles is near zero) that

half of the observed surface brightness of the zodiacal light near elongation 35 degrees w:,s

due to the scattering of sualight by free electrons in interplanetary space. Their assumption

that the coefficient of scattering is unit5" for micron size particles has been disputed by a

number of investigations (Reference 5-22). Evidence that interplanetary dust may also

scatter highly polarized light has been introduced by van de Huls (Reference 5-23). Recently,

Blaekwell and Ingham, (Reference 5-24) using the facilities at Chacaltaya (Bolivia), have

carried out an extensive optical measurements program in an effort to more accurately

define the constitutive make up of the zodiacal light. While far from being conclusive, it is

apparent that both dust and free electron components exist. Furthermore, it is generally now

believed that the zodiacal light can be regarded as the outer part of the solar corona in which

there exists a K (free electron) and F (dust particle) component. Additional observations

made at Chacaltaya "also report a fluctuation in the surface brightness of the zodiacal light at

times of increased solar activig, o
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Recent in-space measurements from satellite probes, conducted primarily by McCra('ken,

Alexander :rod Dubin (Reference 5-25), in the vicinity of the earth yield higher spatial

densities than those obtainable from the zodiacal measurements. This led Whipple (Reference

5-26) to postulate a 7coc(,naric "dust belt" around the earth.

The results from Mariner II, on the other hand, lead to a much lower value than expected;

recording only one or two impacts during the flight with no impacts recorded in the vicinity

of Venus. This is four orders of magnitude leas than that recorded in the vieinit-¢ of the

earth by, the Explorer VIII satellite.

5.3.1.2 Experiment Objectives

Therefore, to resolve some of these problems, it is proposed that the enviromnent in

interplanetary space lying in the region 0.3 _ r < 1.0 AU from the sun be monitored for the

dust component; and that in the event of a strong solar flare be correlated, if possible, with

any brightness fluctuations in the zodiacal light. (The latter would be recorded via earth

based observations.) An understanding of the nature, origin, and dynamics of this dust

co:aponent may be an important clue to our understanding of the origin and evolution of the

solar system.

5.3. i. 3 Experiment Definition

The proposed experiment is designed to measure the flux and momentum of cosmic dust

particles (momentum range 2.5 x 10 -4 to 2.5 x 10 -1 dyne-seconds) in interplanetary space.

These measurements are to be obtained as a function of the distance from the sun. The

mass range covered, assuming that the particles have a velocity relative to the vehicle of
-1

25 km sec , lies in the range of 10 -10 to 10 -17 grams. This is compatible with the findings

obtained over the last several years of measurement. The experiment is directed toward

providing direct observational data to aid in a separation of the zodiacal light source into a

dust and an electron component. The escape orbit probe would provide the only vehicle to

date that allows direct sampling of one of these, the dust component near the sun. The
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paI'amct_rs of Lh( _ cosmic dust (211Vil'Ollll!ellt requiriz_ im c.stigation arc si::e, ma_s, structure,

chemical c, mlposition, speed and direction of motion, number densit} , ,rod _li,_trilmtion in

space. Present non-recovery techniques measure only size m_d the combination of mass and

velocity O.e., m',)mentum and/or energy).

Obviously, a solar probe orbiL \;ould be ideal for this type of experhnent since it would

allow measurements over the total range of inmrest (1.0 to 0.3 At:). Ilmvexcr, measure-

merits in near earth orbits are also valua_ble sir_ce they provide a more complete picture of

the mieromet_oroid envi:'onment near earth. This Js of great importance in (!esigllillg

spacecraft and ex ctluatil,lg _2e effect of paicromcWoroid erosiop, on spac:cerall x,mpo_?cnts

suct_ as concentrator reflective surfaces, thermal eoatings, etc. Near earth measurements

also provide partial information from xchieh a better understanding of the zodiacal light may

be derived°

5.3.1.-t Experiment Design

The instruments developed io clak' together with the quantig' that they measure are given

below:

Crystal Microphone

Wire Grid

Flash Detector

Thin Film (Photosensitive or Pres:-'ure)

i'll 1__1Sll l'C Ill t_ 131.

number density - morn enPam*

number density- size

number densi_" - energy

number density - size

*Note - The response characteristics of the microphone detector have been the subject of

numerous debat_s with regard to just what quantity is being measured. The argmnents run

my to my 4/3 to my z, It is considered here to be an my detector, the commonl 3

aeeepted view held by the majority of investigata2s active in this field.
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The crystal microphone detector will probably be most sui_tble because of its reli_ble past

performance, its simplicity, and its inherent long life. The latter characteristic is not

found in the wire grid and thin film types of instrmnentso

Two units are employed in an effort to record the momentum spectra of those particles

overtaking the probe and those being overtaken by the probe. This arrangement would help

define the number, densities and momenta for particles having direct and retro-grade

orbital motions. This latter point is of interest in cosmological studies. A conventional

crystal microphone of small size and appropriate sensitivity would be directly mounted

against 'a sounding plate which is acoustically isolated from the remainder of the vehicle by

rulSber, polyethylene, or other suitable grommets. Additional acoustical isolation could be

provided by tuning the crystal to provide a mmximum signal at ultrasonic frequencies thus

reducing any effects due to vehicle vibrational fr_,quencies in the order of 1_0 KC.

A conventional 120 db gain voltage sensitiveamplifier with a passband of _. i0 kilocycles

centered at 100 kilocycles would receive the signal from the microphone. The pulse rate

from this amplifier would be recorded by four counters of two binaries each fed from

amplifier taps separated by 30 db in gain. Thus, a crude momentum spectrum would be

obtained.

Each instrument would have 4 channels of output:

-4 -3
2.5 x 10 to 2.5 x I0 dyne-era

2.5 x 10-3 to 2.5 x 10-2 dyne-era

-2 -1
2.5 x 10 to 2.5 x i0 dyne-era

-1
> 2.5 x 10 dyne-cm

I

5-69



7" "_

-.I

Each h'_!):_ct (--- 2.., ,: lt_ ,i\ n,,_-cm) udl appear "d._ a si>n'd! in one of the four channels.

Fht: :>.,k\imt'.n,. :i,,:..tmct acecptaJlct. _ t'utu is de_,v:nined I),_ the phTsicat vibration characteristics

of the iml,._et pl:,i,. :_n,t d_e ins(tin, neat will -a:gi, to saturate at an impact rate grc.ater than

one impact per n" inul,'.

A proLl(.'m area exists in ti_e ('alil)r:ttion and ink_rpretation of impa.ct as a function of location

on tt'_c l)latc ,_hcvc Lhe impact occurred.

The interface v,.-.._irct_:,,nt__ for U_e ]n&'.rplancL::.-_. (lust experiment arc:

Special h_>trn}rlcl)ts

Size - Mi-.r_l,hom.

t'late

-'__,nO!ii i(,r

I)O\V_ ' i"

Output Si_:_:_ t

Telemetry .\v ( uvv.c\, l_,c.qt_!le,t

2 c r.:stal microphones

L/2 ;_i. ,:liameter x 1 in. long

5 m. wide \ !,) in. l,mg x 1/8 in. thick

"' its. • 2 m, x I in.

-i t),.,,mds (2 peut:,,ts Imr unit)

1 watt 0_.5 watt per _mit)

.q. v<,lL.q (1-5V r:_'d'_e

I l,_._eeut of full scale reading

The impact r,_,e,ei,ing picte 1,; i):. x L0 iq. x 1./_ iz,. ) must t)e mounted so as to have an

unobstructed torv, ard view and be oriented per,)( ndicular to the vehicle line of motion.

Also, an ide:)tie_i l,_:,tc must i_," :hounDed t)(,rt_o_:c_icul:tr to the vehicle line o[ motion with an

unobstructed i)acl.,,. :_.rd vicv..

_I_m primary expt:rimont does _ot require that !he. vehicle be oriented about (.he roll axis.

Therefore, it max _)e ,lift ieult to have th(" same side of the ve.hiele alwa,-s facing in the

direction of motion. If this is the, case, micr,:ph_mes should be placed .,)n four apposite sides

of the sl)acecr:fft and the numt)cr of instrarne_t:_, :ize, weight, power and ou'4)ut signal

figures given above w()uld he doubled.
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5.3.2 SOLAR WIND (INTERPLANETARY PLASMA)

This experiment requires a solar probe orbit and is not suitable for inclusion on earth

orbiting spacecraft.

5.3,'2.1 Background

The presence of an interplaneta_ plasma streaming ouhvard from the sun has been detected

recently by instruments aboard Luniks II and HI (Reference 5-27), Explorer 10 (Reference

5-28) and most recently by Mariner U (1962). The presence of this solar wind has been

inferred earlier from a variety of indirect evidence, including the airglow and aurorae,

geomagnetic fluctuations, Forbush events and the appearance of certain types of comet

tails.

Based on the data which are available and the most widely accepted theory of the solar wind,

it is believed that the solar wind is an extension of the sun's corona which is expanding

hydrodynamically into mtel'planetary space. The plasma consists mainly of fully ionized

hydrogen with a measurable fraction of helium nuclei. It is considered likely that traces of

other elements (fu;ly or perhaps partially ionized} are present in the plasma, but their

detection awaits more sensitive experiments than have been flown to date.

Because of the high electrical conductivi_ of the plasma, magnetic lines of flux present in

the corona tend to be effectively frozen into the plasma. Since the kinetic energy density of

the plasma is greater than the magnetic energy at distances greater than a few hundredths of

an AU, the magnetic field is carried along by the plasma as it expands into interplanetary

space. Thus the structure of the interplanetary magnetic field is intimately connected with

the presence of the solar wind.

The recurrence of magnetic disturbances with successive passages of active regions across

the face of the solar disc suggests that more intense beams of plasma flow in certain

directions and that these rotate with the sun. The Mariner II plasma instrument gave the
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first direct measurement of thesebeams, and showedthat during the time of observation,

the plasma current in the beams was an order of magnitudehigher than the average plasma

current. A strong correlation was found betweenthe time of occurrence of peakplasma

current andthe time of peak disturbance in the geomagnetic field, with allowance for the

difference in heliocentric longitude of the probe and earth.

The occurrence of a Forbush decrease in galactic cosmic ray intensity in conjunction with

intense magnetic storms is interpreted as due to the deflection of the cosmic ray particles

by large scale magnetic field systems associated with unusually dense plasma clouds which

reach the vicinit_, of the earth. The Pioneer V experiments showed that the Forbush decrease

is indeed associated with large scale increases in the interplanetary field, but the spatial

extent needs investigating. Since the magnetic fields carried by these plasma clouds act to

guide solar cosmic rays, the shapes of the clouds and the manner of their connection to the

sun requires further study in regions as close as possible to the sun.

The present experimental situation relating to the solar wind leaves open a large number of

questions; nevertheless, the Mariner II experiment has provided several fundamental facts

about the solar wind. The plasma instrument was a narrow angle device which was always

pointed directly towards the sun; at all times during the flight measurable, although at

times rapidly fluctuating, plasma current was detected. The current is believed to move

out approximately radially from the sun, although it is not certain that the Mariner instrument

was viewing the direction of the stream. Indeed, Biermann's comet tail work indicates that

the plasma moves out in slighly curved paths which make angles with the radial direction of

between 6 and 16 degrees. Thus a possibility exists that the plasma flux and density, as

determined by the Mariner experiment, might have occasionally been on the low side. It

would therefore be desirable to examine the interplanetary plasma with awide angle

instrument to obtain a better measure of the total plasma density. To study plasma direction,

complementary narrow angle instruments are indicated. The density measured by the

Mariner II instrument was of the order of four ions per cubic centimeter at approximately

one AU.
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The 5Iari,;,.,_ Ii i:_.._tvur.!_mt measured ._ specLrurn 'ff each Letemetry fca:nc [rom width a

measure of Lh,, mass motion v.,d,mitv and tcmpcr.,ture of the ionic component of the plasma

was deter_nincd. The mass transport veh)eity varied considerably (314 to 125t1 km/sec) but

had an averalzc \:du_ el about .50_ kilomet_.rs per second. The ion temperature can be

estimated to be :.pproximatelx 105 u, .10_i oK, t',lC specific value depending on the particular

.qmctrum _n,tI, ::,_I. At time.<. (turtle, the flight, : apid chanaes in the plasma speetcum were

d,'t,_cted: at It.a>'. ,,he of th(.,s,_ e:_n h(, :lserihocl to the pas._age of a plasma shock front.

liowever, the s '._tplb'_ t:ite Of Lhe spectrum _,:s too slo_ (3. 7 minutes) to study the energy

turbulence' in the' _h_;(.k front.

D

An escape orbit p'- be M_,atdd cart\ p!asm:_ instruments capable of looking in several

dirocti(ms about th. Stl:l-pl'gi_(.' }iDe [O dct,q'_nin'_ plasma stream directions. A wide aslgle

{nstru_:,cnt shot:t(" ,_[so t,e provided to ,brain a ;_etter measurement of the toLql plasma

density. The co:l;'>t.nt,ss of the, Mariner energ, spectra makes temperature determinations

and oloscrvations o17 helium ions subject to eonaiderable uncertainty. Thereler_, more

energ5 rcsoluti_)a _houhi bc pr,.)vided than was :t,:dlable fo)" Mariner II.

D

Thus far no m(:ntJ.m has })een made of l;he election c.')mponcnt of the plasma. The kinetic

energy of eiceL.'.:_is due :o the 0tas;na mass transport veiocit\ is expected to i)_- much lo_er

than that of the io _s duc to their sin-all mass. Cnthe other h:uld, approximat_ equipartition

of random therm.'.A energy would bc expected between ions and electrons. BaRed on plasma

temperatures deduced from the Mariner 1I experiments, the random thermal electron

velocity is expect._d to !_c much greater than the plasm,_ mass transport velocity' so that the

electrons should haw z a nearly isotropic distribution. Since the average electron energy is

expected to he oriv or the erd,..,r of tens of volta, based on the ion temperatures meas'ured by

Mariner II, the _c_Jcle electrostatic potential may act as a serious perturbatmn on an5'

measurements o2 p!asn_;_ elrctr,m spectra, since plasma currents and photoelectric effect

could easily rest It in :_ vei,_.cle p,}tentia! on the ( rdcr _;t ten volts which cannot easily be

measured. Since 2rare arc o_.her difficult technical problems associated with measuring the

electron portion ,--'t the solar ,,vi_:d, no spt:cifie c,msideration has been given to any instru-

ments designed to measure th,_ir sp<,ctrum.
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The obj(,ctiv,, of this exl_'rimeht ,.'.ouhl !)e to measure the solar wind magnitude and

direction ;_>; :, fu,,c, tl,m of the heliocentric distance,, going as close to the sun as is feasible.

The requiremcl_ts for the mt_t-pl:metar.x plasma experiments in order to furmsh a

quantitn.tix cun, lcrstanding of Lhc fLo,._ ouLward 5r..)m the sun, the dimensions and propagation

of i:-dcnse _,t.:-m ; n'ildinnti:: g ill :tOL1Vc so!:tr regi:ms, and interplay with the intc:rplanetary

m,_n,..tic " ''

b8

[nstru)n'.,nts cap.ft.,It ,)f determining the ,lirectiop. of the main plasma st:'eam with an

an_utar _.'(._c)lutiono[ tl;o order of 5 to 10 degl'ees arc necessary.

Based cm the _:ti'in(,l" "1 st,ectrum :m<te urem.*:_nts, the plasma anatvzcr _hould cover

the ran!Z(' ,,f pl,ts;t_a ;,_t_ _i:is> "_cl,.)citi,.', iro,,_ a{.,,.mt 200 kilometers per second to

perhaps ")s high a., :.!50(} kilo, meters per second in about 3O energy steps.

Co A!thouah the electrot; .,.ompcmen[ of the 21asm:t is of cousiderable interest, the

problem, sot ,,_.ald_:a elL, at cut mea:_ur(., _,nts _)f the electrons do not appear to be

solv,,d at t_rc.q,...nt. T:_,_r,,fm'e, 'a ._ei)_tratc eleetrot_ plasma probe need llot be

prov id,_.¢{.

d. One of the unique set._ of data to be _.,t.h_red by an escape orbit probe is the plasma

density as a function of heliocentric dist:anee. A wide angle instrument should be

emplowM to insure a go,,d measuremenf of the density.

e. The most ,atunble spectrum _lata wc, ul:_ be a series of snapshot-lille spectra. A

spectrum ga_ered in :, time of the orch.," of a few seconds would be desirable.
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fo The aberration effect ,)f an escape orbit prol___ orbital velocity should be taken into

accou_t \vhcn the pointing directions for the plasma probes are selected.

The above requirements can be satisfied by combilfing narrow angle and wide angle instru-

ments. Narrow angle instruments have been developed (Reference 5-29) which can examine

plasma current in a number of directions lying near a given plane by utilizing hemispherical

electrostatic deflection plates and multiple collectors. Two such instruments can be used

to examine the angular direction of plasma flow near the plane of the ecliptic and near

another plane perpendicular to the ecliptic and pointing toward the sun. Since vehicle

aberration effects will be different for ions of widely different velocities, the maximum

current dir,_ctions are not expected to he the same for widely different energy channels.

A large aperture, wide-angle, Faraday Cup type of plasma probe would give a sensitive

measurement of weak plasma currents (Reference 5-30). The importance of the plasma

measurements justifies a certain amount of redundancy in the plasma instrumentation.

5.3.2.4 _eriment Des_

The solar plasma _ind will be measured with a Faraday Cup and two electrostatic analyzers.

The range of measurement would be from 200 to 20 keV. Each of the two electrostatic

analyzers measures four angles and 32 energy levels (20 protons plus 12 electron) for each

angle, the single Faraday cup instrument would measure 12 energy levels (8 6roton plus 4

electron) for each of three plates.

5.3.2.5 Exoeriment/Spacccraft Interface Requirements

The interface requirements for the solar wind experiment are:

Special Instruments 2 Narrow Angle Electrostatic

Analyzers (4 angles each instrument)

1 Wide-Angle Faraday Cup
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Volmne
3

2 Electrostatic Analyzers - 216 in
3

1 Faraday Cup - 216 in

We igb t 2 Electrostatic AnMyzcrs - Y pounds

1 Faraday Cup - 5 pounds

Powvr '2 Electrostatic Analyzers - 3 watts

1 Faraday Cup - 1.5 watts

,vith 10 watt peaks of 30 ms duration

__tput Signal 2 EtecLros_ntic Analyzers

I Faraday Cup

- 256 voltages

(o-sv)

- 36 voltages

(o-sv)

'Felt'meter Accuracy Required J percent of full scale reading

2_,c Electrostatic Analyzers a'ad the Faraclay Cup require exposed surface areas of

approximately 20 square incims (per instrument) ',rod skx square inches respectively.

These instruments must be mounted on the spae,:_cr_fft so they have an unobstructed view of

space.

5.3.3 PROTON AND ELECTRON SPECTRA AND DIRECTION

5.3.3. t Background

Despite. the large number of experiments which have been carried out to determine the space

radiation environment, there still exists a need for additional information in order to assess

the effects of this environment for specific satellite missions. There arc several reasons

for the uncertainties which remain despite the measurements carried out to date, one being

the lack of adequate particle discrimination in the early experiments which were performed.
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Another is the large perturbation in the environment which was introduced into the natural

radiation environment by the detonation of high altitude nuclear devices during the latter

half of 1962. Besides the complex time decaypattern followed by the artffically injected

electrons, recent experiments indicate that the intensity of the proton belt at the low

altitudes is increasing with time, but dataare sparce. Many satellites havebeen flown at

altitudes too high to permit adequatemappingof the lower altitude regions of the trapped

radiation belts which are important to mannedspace station applications. For example, the

radiation data onwhich present MOL environment studies are being carried out is mostly

the result of an intensive series of experiments carried out in late 1962.

Proton spectra were obtainedby NaugteandKniffen (Reference 5-31) using_ emulsions

aboard the recoverable NERV vehicle. From their data, it can be seen that the dose can be

reduced by as much as an order of magnitude as the shield thickness is increased from one

to eight grams per square centimeter, corresponding to the successive removal of protons

in the energy range 30 to 100 Mev. It would appear that from the standpoint of computing

shielded radiation dose, it would be desirable to measure the intensity, of proton energy

groups, within this energy interval, over ex_ensive regions, at low altitudes (approximately

300 nautical miles).

Freden and Paulikas (Reference 5-32) have made measurements of protons using lithium ion

drift detectors behind hemipsherical shielding of thicknesses appropriate to stop protons

below 5 and 60 Mev. When such a detector is used as an omnidirectional instrument, the

upper energy limit of a given channel depends UlSOn the direction of the incident particle due

to variations in lengths of oblique paths through the detector.

Proton measurements in the energy group 40 to 110 Mev have been made on Explorer XV by

McIlwain (Reference 5-33) using a spherical scintillator covered by a hemispherical shield.

These data do not cover the altitude range covered by many low altitude satellites and it is

desirable to divide this energy range into two or three subintervals.



The el(,ctr >u:, m(,_ likely t() bc of inlx'r(:st for prediction of radiation (lose insi(ie the thin

_ :_lls c.f a _n_,_mcd ,.>rbitina ia},oratorv are those in the energy range just above that required

for wall I)cnetration. It is ',,,),,l it-:cl \ that the walls of most vehicles will be thick enough to

_top electrons above, say 1..5 Mcv, and hence the dose from penetrating electrons will far

exceed ttm: due to bremssrrahlung. Because of the uncertain picture of time decay of the

clcctrnn [1 Lx:c_. iJ_ ti_c low altitude regions, it is desirable to make a number of measurements

of integral ck cir,-!- lluxcs fro[;_ abow, thresholds up to about 3 Mev.

.McI_,,_ aiq }:as mad,_ measurements ot the integral electron fluxes above 0.5 Mev in a

c_:il,_n,.atx..d instrument, :rod ,omnidirectional measurements \vitil a threshold of 5 Mev.

Fi,csc E...i,larer X', results are i_suffieient for use m environment specttication in the

air:rude range bole v, 200 to ;{00 nautic'al miles. Crd,.er measurements were obtained m late

1.q,q2 b', Ka!z, _.\qH_a:, Smith and West (R,fference a-34, a-aa, and 5-36). The latter used a

magnetic spectromel_.'r and obtained a large amo_mt of differential spectrum data. Because

e:,. _,e_,. compl.c.._,- time decay of the aritificial electron belt, it is. desirable to make repetitive

mea_ta'e'mcnt.q of electron l',uxcs in order to keep ir_formation on present status of the

e!,J-;_rnn cnvir_nmont more up t,_ date than has been possible in the past, pai'ticularly at low

altitu:!cs.

5.3.3. '2 E,perimcnt Obiectives

The objectives arc to ,)brain measurements of proton and electron spectra in well-defined

energy intervMs as a function of direction. The energy., intervals chosen will depend upon

the particular orbit of the, satcllit,, upon which tim experiment is conducted.

5.3.3.3 Experiment Defimtion

Tht, proi_os,.,d experiment is designed to measure proton and electron spectra in the following

ranges:
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L .I7.

32. -

Protons

30 - 50 Mev

50- 100 Mev

100 - 200 Mev

Electrons

0.&- 1.5 Mev

1.5 - 2.8 Mev

> 2.8 Mev

Three directions would be measured.

at approximatel_ 325 nautical miles.

required.

These ranges are most suitable for a circular orbit

The ranges may be tailored to fit other orbits as

5.3.3.4 _)erin_ent Design

Solid state detec_grs are used in a telescope configuration backed by electronic amplifiers,

coincidence circuits, discriminator gates, and a data conditiomng section. The data

conditioning section converts raw pulses from the coincidence circuits to a form ready for
-1

telemetering. At present, the conditioning circuit accepts pulses from five pulses sec to

1.5 x 10 ° pulses sec m_d produce logarithmically a d-c voltage varying from 0 to 5 volts,

where each volt corresponds approximately to a decade.

5.3.3.5 Expermient/S2acecraft Interface Requirements

The interface requirements for the proton and electron spectra and direction experiment are:

Special Instrument

Volmne

Weight

Power

Or) tput Signal

Telemetry Accuracy Required

3 Charged Particle Telescope_.

300 in 3 (total package including electronics)

24 pounds (total package including electronics)

9 watts

20 voltages (0-5v)

1 percent of full scale reading

The three telescopes are to be mounted on mutually perpendicular axes with one of the axis

pointed to the sun. The telescopes are to be mounted so that they have an unobstruc_d
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view ol si:,acc, i]1 _rdcr to ev;_h,'atc tim measured data, it is also necessary to know the

,_l:,'_f:ccr,)fts position :_,__dorientat,_on in space.

The primary e.xpcrime,lt does not require that the spacecraft be oriented about the roll axis,

As a result it may be difficult to delx, rn'ine the ,,-pacecraft orientation in space. If this is the

case, only one teh, scopc (hlstead of three_ pointing to the sun would be used. This would

alter the intx, rfac¢ requirenmnts ,qummarized abgve to tl_e following:

Sl_ ci:_i b_str_v.p.cnt

\olup,_c

We ia ht

Povo t"

Ou;p0t Sit:hal

1 Charged Particle Telescope

_00 in" (total paekage including electronics}

pounds (botal package ineiudi_g electrics)

3 watts

_ voltages (0-5v)

As bcfore the tele,,<eopc requn'es an unobstructed view.

5.3.4 iNTERPLkNE'iARY MAGNETIC FIELD

The magn_tic fK, hi experiment as presented here is designed to measure interFlmmtary

magnetic fields° This is typical of a magnetic fieht experiment and would require only

minor moditicatioq for a earth orbiting case in which measuremt.nts of the earth's magnetic

field u ould be of c_tere._t.

5.3.4.1 Backi_obnd__

A eonsider:d)le body of evidence reg:trdi._ the nature of the interplanetary magnetic field is

avail,_)lc from ob_e_'vations of the followfi_ phenomena:

a. Appearance of filmnents in the solar corona

b. Modulation of galactic cosmic radiation, including Forbush events

5-80



c. Terrestrial magnetic disturbances and ionospheric absorption events resulting

from arrival of low energy solar cosrnic rays

d. Observation of energetic solar particles originating in flares.

Recently, preliminal)" space measurements, nolmbly on the Pioneer V spacecraft, have

become available, The Pioneer V data indicated tha presence of a rather steady field of

approximately four _,, with occasional increases by an order of magnitude. This probe

measured the component of the field perpendicular to its spin axis, which lay generally

along the line towards the sun. A report on the experiment (Reference 5-37) indicates that

the results are difficult to reconcile with many theories of the interplanetary magnetic field.

M ore recent measurements aboard the Mariner II spacecraft showed variations in the

interplanetary magnetic field over heliocentric distances from 1.0 to 0.7 AU with a period

of the same order as the solar rotational period, but a lack of zero calibration and suspected

vehicle induced fields prevented the attainment of a picture of the interplanetary field at

these distances. Considerable fluctuations were observed and the data were consistent

with an interplanetary field whose radial direction near the ecliptic does not change, except

possibly over reg,ons extending on the order of half way around the sun.

Coronal filaments which appear to outline magnetic field lines show evidence for a rather

ordered field in the immediate neighborhood of the sun's poles. An overall dipole field is

excluded by the fact that the Pioneer V and Mariner 1I data would, if extrapolated in this

manner to the surface of the sun, give field strengths far in excess of those obtained by

measurements of Zeeman splitting of optical lines (Reference 5-38). A comparison of

plasma particle energy densities and magnetic field energy densities deduced at a heliocentric

distance near uniD- shows that any systematic intergalactic field penetrating through the '

solar system ._hould be swept out by the plasma wind.

I

At latitudes corresponding to those containing most solar surface activity, the coronal

streamers show evidence of closing at distances not exceeding a solar radius or so, while

lines emanating from the less active polar regions appear to extend to great distances from
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the _un. It i_:_.nl)c,,nl..iqtt,i,)t,,t (ttt:fevcnco 5-:_)) that this _:,,neral _tructuve is consistent

-,, ith the ¢.\t_cctv.ti,m ti_ ,_ ':,re,in of plasma e it:ett.d ft'om active regions would sweep away the

m'.t_m,tit: fie!ds at mmall and intermedi:_Le !at!turk!s, and that ultimate detachment of the

correspt,ndir,_ field lines from the solar surface must occuJ" through dissipative processes.

The n,agn,,tic pr,.,ssures availa!)le in the cor,mal regions should be completely inadequate to

!)_'ovt.,lt t3_,, _'×l);':_Jon of nuch r,.qatively dcn_ a,nd energetic e!ouds of highlyconducting

plasm:t.

Fh:_t ':v_._ns el m;_&netk: lield lin_;s c:n'rie,l out to the t:arLh's orbit must, in many cases,

retain a high degr¢_,:_ of attachment _o the solar surface is indicated by the high degree of

correlation } ely:c, _: observations of the I,'or},u.q_ decrease and tim frequency a:_d intensity of

8ol:_.r proton ev_?n_.s observed at t]_e earth from chromospheric flares. Piom:er V served to

prove tva*. tf_e l,.:_:'i)ush deereast, was not a geoventric phenomenon but is connected with

large scale ma4rnetic field increases in the interolanetary space. The magnetic field

strenp_ths observed durin,a disturbed times \vel',2 of the order of 40 y, which are known to be

ad,'cit;at(' t,_ cau._. ,_ l:'or}>usi_ iT.:p(, ,)e('_'(_ tse. if tb,, )'c_i<,)_s involved exlx_nd over distances of

"'- I,t.. ": '- (-le_>,-:e -_ t_,oal,ditv of of geo-t l,t_. oJ_de," t,f a,, os_Yollollii(._tl ktl}i_. "" ........"*_4" v,, ' " ": occurrence

..'_.}:_,gnetic ,.!isturb:,_.:ces lr,..,m l:>'a,e disturbed regions of the solar surface indicates that, at

least in nlitnv c:ts, s, the t,];tsllt:I clouds t,rest':,_.ably givi_g rise to increases in the inter-

pl:meta_r,, magnetic field must t.xt_._nd ovt;r extre,,:ely large regions.

The fact that geo,nagnetie disturbances can occur periodically with successive solar disc

passa_ze of M rcgi,ms and th{_, recent direct ot0se:wations aboard Mariner I1 of plasma

current peaks with the I_riodic-i_" of the solar rotation suggests that magnetic lines swept

out by th,:, plasma ;ha\ retain a i_i_h degree of attttehme,,t L,_ the dun. A high degree of

o,,cratl or,let to the mterpianetar-" field wa,. tl_cvcforc exist despite the dominance of

magnetic field press_re by plasma particle pressure, buL this field structure must be

eonsider:d)ly more complicated th.m, for examp'e, the geomagnetic field. Evidence from

solar energetic particle events (Reference 5-4o) i:_dicates that, following the expulsion of

.arge plasma clouds from active soiar regions, t.lm interplanetary magnetic field between

the earth and sun tends to lie near the plane of ti_e solar equator. Analysis of two solar
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cosmic ray events indicated that the direction of the field near the earth's orbit must have

made an angle of approximately 60 degrees from the earth-sun line. Analysis of the

relative frequency of occurrence of solar flares resulting in energetic particle arrival at

earth shows that particle axrival is most probable for events occurring near the western

solar limb. The fact that, for the events analyzed, rise times for energetic particle fluxes

are much more rapid for flare events occurring near the western limb, while flares near

the central solar meridian give slow rise times. This strongly indicates that during these

disturbed times, magnetic lines of force connect the earth with the western portions of the

sun. The difference in rise times of the energetic particle fluxes is understandable, from

this hypothesis, since particles from flares near the western limb can reach the earth

quickly by spiralling along field lines, while those originating from flares near the center

of the solar disc must diffuse across magnetic field lines in order to reach earth. This

interpretation is further confirmed by the fact that for the latter type of events, the delay

times are longer for the particles with lower energies.

The hydrodynamical expansion theory of the solar plasma (Reference 5-41) and evidence

from the orientation of come_ tails (Reference 5'42) indicates that the plasma motion in the

vicinity of the inner planets should be principally in the radial direction. The plasma

currents measured by the narrow angle Mariner II instrument, which was pointed at the

sun, appear to give some confirmation of this expectation. On the other hand, if there is the

expected correlation bet_,een the direction of the plasma flow and the direction of field lines

swept out by it, the large deviations of the apparent field direction from the radial direction,

deduced as mentioned above from solar energetic particle events on two occasions, need to

be explained. It is of course possible that the pitch angle of the outward spiral described

by the plasma flow and the field lines changes radically during solar disturbances. The

mean plasma velocits, (500 kin/see) measured by Mariner II corresponds to arrival at the

earth at a time when the responsible active, region would be near the western limb hut the

shorter transit times sometimes observed from geophysical evidence indicates that the

tightness of the spiral paths may be highly variable.
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The imp,,rt,qnce _r the ,_\.,.,ca]' ,t_-ucturo _,_ Ul(, i_t,,qqa_qetary lick! and its tin:,, variations

i,-(tic:d,.._ th(. dosi_-;0;ilitv ,)l I,,.Yf',Y:_i_:< i)_ st,at,, magnetometer measurements at

ratio)us di.qt.4nc-_g [r()m th( _ slln. The._e c:m von-plcment and perhaps reconcile the evidence

hnsc(t o.n other tyl)_'s (;f studio_. In }'ariicula:" it i:_ desirable to m,'d_e measurements as

close as p,o.-,sihlo t,) thp sun in order to obse_e the transihon to a more ordered field and

to search t'ol i)ossiblo fi(:,ld dcla('hm(,nt procosses.

A "eceu'_ the,)."\' (lk_l'cYop.('t • 7,-43) f_,t" the' ._un.<po'. :'yete which seek- t,_ exT)lmn the periodic

reversal of !,)la"_':, of th(. 1( n(iin_ spot in ;_:-ou,_s in northern and".,outhcrn hemispheres

<ould Ix. tc.<tc-d ! v mc'_surem_<lts of tho ordered _otar field. Mag_etometer. rr.easurements

Jboa ,.,-I a ._,;Iar i_r,.!}c ,night hhu. _:' hay.., fa:'-:-o:_x-hina impheations for solar phy.,ics as well

as f,,r the fi,-,ld :uM p:u'ticI_- physics ()f thc inh :p,.meta]'y spathe.

In :_ddition t,_ tho _,flor,,st in malting n-_a_otic field measurements in a solar probe orbit,

it ,s :_,t.,:o d,.o'.-i l-a|J],, to l_:Ik_ • tt_l'thol' measuremopts in near earth orbits to improve our

ul_do!>t,_,,,lit_g _,_' ldlt, o;_i"th'/ n_q',,_,t"t_c !i'.ld.q.

5.:;. _- ') Ex)vrin_,.nt (.)lU,',._iv('

The o},jcotivc (,', this c:<t)( Yi_,,,)at i_ It., mo,L_ur(, L_, , !ntc.rplanotar3, n_agnetic field strength

as a function of time mqd p,)sition. "rho rc,._,io_; tar invcsLigation is to oe 0.3-: r 1.0 AU

fl'om the sun.

5..'3. 1. :: tL:_erim_-nt l)c.rh:;ti,m

Tho proposed experiment is d,.si._me, I to me:Lsu)e the interplm_eta W magnetic field (field

strength 0. 12) to apl)coxi_,_aL(,ly 7,0()Yt. These ,_T:easurements are to be obtmned as a

function of time and position for (}.3 < r 1.0 AI" from the sun. The magnitude of the

fie ld fluchz.qtions ,q] re:,:l.v observed in into rt)Im_el a_T space indicates that the greater

sensit_vig, of the gas-gpe )nagmet,_met_,r such as tile m_bidium device (smmitivi_, 0.01 7)
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would not be _varrm_ted. Neither do the temperature limitations of the sensing element

(400 to ssoc) appear suitable for boom mounting in an env:ironment in which the solar

heating flux would be highly variabD over the orbit.

5.3.4.4 E._:_eriment Design

For the measurement of the intel>lanetaD, magmetic field, the most suitable instrument

appears to be the saturable core flux gate m,%,o-netometer. This instl, ament has adequate

sensitivib" (to 0.12 : ), adequate r,-mge, and has been proven in other space ext)eriments.

It is assumed that the instrument would be sm_ilar to one recently developed by the

Schoenstedt Inst;_ment Company for measurement of small fields. This wou,ld be a three-

axis instrument which would cover the range between instrument noise level (0.12}') and

5003 . For periodic 7,ero calibration, it is necessa_' to mechanically reverse the direc-

tion of each separate sensor axis. Two axes can be reversed simultaneously by a rotation

about the third axis, but the third sensor must be moun_d separately x_'ith its own

reversing mechanism. Operation of the reversing mechanism could be provided by an

on-board clock several times per day. Override capability could be provided ,_y_---rcdio

command so that possible development of periodic instrument zero drifts could be dis-

tinguished from fluctuations in field direction or strength.

The accuracy of the magnetometer depends upon the range setting. For the low range

(high responsivity) the limit is set by the noise level, and is _ 0.125_. For the hi.gh

range it may be _+ 1 ",_. The sensitivity stability of the electronics (from -25 ° to +50°C)

is better than two percent, and the sensitivi_, stability of the sensor from (-55 ° to +65°C)

is better than two percent. The stability of the signal output (zero field) is _+ 0.6 percent

each for both the electronics (-25 ° to + 50°C) and the sensor (-55 ° to +65°C).
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5.5.-4. -, F?-ii2erimg_lt/_)acecraft tntorface }lequjcements

The interface requir_ ments for the interplmmtary magnetic field experiment are:

Special Instruments

, olum_ _ of Instcument

Weight

Puwer

Output Si _l_al

Telemetw A,:curacy Required

Trimxial Fluxgate Magnetometer

:', in. x 4 in. x 5 in. (does not include boom)

J. 5 pounds (does not include boom)

o. 5 watt

:' ,'oltages (0-Sv)

I p,'reent of full scale reading

The n-,agncttm_,,_er must be mounted on m_ ex-te:_ded boom of sufficient length I_) avoid any

stray malanctie fi(.icls developed on _e spaeecr._dt. This is vital in obtaining valid readings

:rod has pr, wed to be a problem in the past (Martinet II experience). Also, for zero call-

ur.qtion purposes iI is necessal T to periodically rotate the magnetometer boom.

5.3.,; I Ii{AVY N'.CI.EI

Sine,, vet 3 f,:__vheax5 particles are found x_dthin _e region of space influenced by the

earth's m:_Knetic field, this e._m_iment requires ml orbit altitude greater thm_ approx.i-

mat ,l.v aa, 000 nautical mih,s. For this reason, of the orbits considered, only the solar

probe is eompatibl_ with this experJanent.

5.3.5.1 Back_und

h_ the study of solar physics and galactic costa(:." rays, it is necessary, to know the relative

nbundm_ce of the various energetic nuclear particles arriving at the earth during and afar

major flare aetivitw.'. There are (Reference 5-44) theoretical reasons to suppose that the

composition of the multiple charged components with the same eharge to mass ratio,

compared in the same velocity interval, shoula be essentially the same as that deduced

for the sun's surface on the basis of spectroscopic measurements. ENmriments have
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been carlicd out (Heference 5-45, 5-46, and 5--i7} which seem to indicate that the energetic

solar nuclei coming from the sun and having charges ranging from 2 to about 1_ do reflect

the composition of the solar surface. Additional experiments need to be conducted to obtain

heavy particle flux values and rates of change as a function of the solar cycle and solar

activity.

5.3.5.2 E_2_xperiwt, nt Objectives

Therefore, as m_ aiA in determining the sun's -.emposition, it is proposed that the spectrum

of the flux of hc._v5 particles originating in the s:_n be measured as a function 3f solar

activity and solar cycle.

5.3.5.3 Experirnont Definition

The proposed experiment is designed to measure the differential flux of heavy particles,

z = 2 to about z = 20, emanating from the sun.

5.3.5.4 Experil,_ent Design

Solid state detectors are used in a telescope ccnfiguration backed by electronic amplifiers,

coincidence circuits, discriminator gates, and _ data conditioning section. Tne data con-

ditioning section c.,_nverts raw signal pulses from the coincidence circuits to _ form ready

for telemetering. No instrument has been built for this specific purpose using a telescope

Configuration of solid state detectors, but a similar one has been built for protons and

electrons (refer to Section 5.3.3). The choice ef ranges of z and of energy for a given

channel of output will be determined at the time 9f final orbit selection.
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5.3.5.5 Ex_periment/Spacecraft Interface Re u_ements

The interface requirements for file hea_" nuclei e.N)eriment are:

SpeciM Instrument

Volume

Weight

Power

Outou t Si g-nM

Tel_,metr 5' Accuracy Required

3 Charged Particle Telescopes

300 in_

25 pounds

9 watts

20 voltages (0-5v)

1 percent of full scale reading

The three telescotx_s are ix) be mounted on mutually perpendicular m'_s with one of the

axis poinWd to the sun. The telescopes are to be mounted so that +_hey have an unobstructed

view of space. In order to evaluate the measured data, it is also necessary to know the

spacecrafts position and orientation in space.

As outlined in Section 5.3.3.5, the prima_5 _ ex_periment does not require orientation about

t_h.e rol! a_nis ,n_n.d, therefore,, it may not be convenient to provide this third axis orientation

for one or two secondary experiments° If this is the case, only one telescope (instead of

three} pointing to the sun would be used. This would alter the interface requirements

summarized alx)ve to the following:

Special Instrument

Volume

Weight

Power

Output Signal

1 Charged Particle Telescope

100 in. 3

8 pounds

:_ watts

6 voltages (0-5v)

5.3.6 SOLAR X-RAYS
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5.3.6.1 Background

Among the many avenues leading to a more complete understanding of the sun's operation

is the study of solar X-rays. This requires that the intensity of X-radiation as a function

of time, wavelength, and source location be observed. First, consider a certain wave-

length region and source position. Experiments (Reference 5-48) have shown that solar
o

X-ray emission in the 44 to 60A band, responsible for most of the E-region ionization,

originates sufficiently high in the corona that a total eclipse does not entirely obscure it.

Furthermore. the X-rays are closely associated with active regions identified by sunspots

and plage formations. Secondly, consider the time dependence of the X-radiation for various

wavelength regions. The X-ray intensity varies with time and has a large variation from

sunspot minimum to sunspot maximum. The solar cycle increase is about a fautor of 200

in the 2 to 8_ band and about a factor of 50 in the 8 to 202 band (Reference 5-49). The

increases in the intensities in the 2 to 8_ and 8 to 20_ bands are even greater at times of

solar flares and the characteristic flare-produced X-ray spectrum is considerably harder

than that from the quiet sun. Thirdly-, consider why the sun emits X-radiation. The radia-

tion of the sun in the wavelength range of X-rays is a consequence of the high temperature

of the emitting layers, namely the corona and the region of transition to the chromosphere

(Reference 5- 50). The flux from a region depends upon the electron density, relative

abundance of the elements, and the temperature. The electron density decreases with

latitude and also there is about a factor of two change during the solar cycle. The relative

abundance of the elements can be obtm.'ned, within about a factor of two from Fraunhofer

lines (Reference 5-51). The temperature of the electrons, based upon ionization equilibrium

in the corona, inferred from green and red lines of Fe XIV and Fe X, are about 106 OK in the

corona. Considerably more data is needed to complete our understanding of solar X rays.

5.3.6.2 Experiment Obiective

In order to provide answers to some of the solar problems; e. g., flare mechamsms,

temperature gradient in corona, and coronal structure continuous monitoring of solar

I

k
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X-rays would _, helpful. It is propc_sed that the solar X-ray flux be monitored eontinu-

ously or at loast sampled a5 oiten as is practical.

5.3.6.:I Experiment Defiltitlon

The proposed experiment is designed to measure the solar X-ray flux in the 2 to 8J_ and

_, to 20X bands. Me:_surements are to be m,_te once a minute in order to.detect rely

correlation between increased X-ra_ activity m_(t solar flares.

5. ?,. 6.4 EFc3perimenti)e_it_ -

!he solar X-ray fluxes would be measured x_th Geiger counters. The spectral sensitivity

of the ermnters would be defined by the transmission of the window and by the absorption

and photoionization properties of the filling gas (Reference 5-48). The Oeiger counter

eoxering the., to 5_ band wouht have an aluminum window having a thickness of 1. 534

-- O

mg cm - :rod the counk, r covering the 8 to 20_ braid would have a beryllium window

_-)

having a flficknesz of :74. i mg cm Both counters would be filled with 8.6 millimeters

of ethv! f,.,_-n_.:__t_" ,'rod 702.6 millimekq's of neon, The signal lmlses would I)e amplified,

conditiono,t, and fed into a emmting rak _ eireuit. The output would then be a d-e voltpqge

in the range 0 to 5 volts suitable for the telemetry sysk_mo The size of each counter

would be detemnined by the ex'pected eounting rate r:mge and would be adjus_d for the

specihc _,rbii fin:dly chosen.

5.3.6.5 E?fperiment/Spacecraft Interface Re([uirements

The interfaee r_,quirements for the solar X- ray expe riment are summarized below:

Speci,-fl Instruments Geiger Counters
3

Size 1 O0 in

Weight ,2 pounds
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Power

Output Signal

Telemetry Accuracy Required

1 watt

2 voltages (0-5v)

1 percent of full scale reading

The Geiger counters must be oriented to the sun and be mounted on the spacecraft so that

they have an unobstructed view of space.

5.3.7 SOLAR Y -RAYS

5.3.7.1 Background

Gamma radiation comes from space to earth. The logical sources would most likely be

individual astronomical objects. Gamma radiation in the energy region of 100 Mev is

expected to originate in the same regionsin which cosmic rays are produced. These would

be regions where hydromagnetic turbulence accelerates charged particles to very 1/igh

energies in the presence of gas or dust. Such conditions probably exist in flares; old

supernovae like the Crab Nebula; our Galaxy as a whole, but most particularly the

nucleus identified by some as Sagittarius A (Reference 5-52); other galaxies, e.g., M31;

and galaxies in collisiton, e. g°, Cygnus A. On this basis, our sun should be considered

as a possible source of gamma-rays.

Low energy gamma-rays, say from 0.1 to 5 Mev, result from radioactive decay of excited

nuclei, fusion of light elements, and perhaps electron-position annihilations. High energy

gamma-rays, say from 50 to 200 Mev, should result from the decay of neutralTr-mesons

produced in nuclear interactions with high-energy particles and from the annihilation of

matter and antimatter. The high energy range is of greater interest because the expec-

tation of finding something is more definite.

One such experimental investigation was carried out by Danielson (Reference 5-53). A

gamma-ray telescope was used on a manned balloon flight. The results showed that the

solar produced gamma-radiation, having energy greater than about 200 Mev, had an upper
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timit of al)o_t i). _,0,_ ph,_:_n ca, sec Tt,i_ Js ",ppronimately one percent of the cosmic-

ray [lux. Dmaiel_o_ _pt no L,wer limitcm the emnmn-ray flux. Howe_er, the experiment,

as t)erf,_rmed. ,'ould not det_'et ,qny increase in :_amma-radiation when the telescope was

pointed at the su:, compaced to pointin_ it in the general direction of the sun but not at it.

As. far as the 1,,,.v end of the enerKv spectrum of gamma radiation is concerned, there

has been an obse_'vatJon (Reference 5-5,t) of a 1"ash of (}.5 Mev gamma-rays 0.5 minutes

}_,f(_r_,a sol,qr Ila_'c.. Thus continuous m,:nito-ing of solar gamma rays is most important.

5.3.7.-° F._v; I_',t,_nt ()b io,.,tive

In or, let to pro" ;oh: an:_wers t_ some of the so!at problems, e.g., flare mechanisms and

particle aecol.,_vat'on, continuous monitoring o, the solar gamma radiation '_.oald be help-

I_al. It is propoc_ed that the solar gamma radiation flux be monitored continuously.

5.3.7°:1 EXl)ecime_t I)_finition

The proposed experiment ts designed to measure the solar gamma-ray flux ip the energy

range of o. ] to z)0 M_,','.

5..3.7. t Ex_ect:nent l)e:-_igfl

The solar gzm_t.l:,-rays x_ill 1_, measured with scintillation detectors. The signM pulses

will go into a tm!.ae heit_hi anab'×er and will h._ _orted into six enecgs' ranges. "I1m pulses

from each ch_ml will be led into a eountin,_ rate, circuit whose output will be a d-e voltage

in the range ot 0 to ;_ voll_ suitable for the lx _emetD" systzm_.
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5.3.7.5 Experiment/Spacecraft Interface Requirements

The interface requirements for the solar gamma-ray experiment are:

Special Instruments

Size

Weight

Power

Output Signal

Telemetry. Accuracy Required

Scintillation Detectors

3
150 in

8 pounds

4 watts

6 voltages (O-5v)

percent of fullscale reading

Each of the six channels would be sampled approximately once per minute in order to

detect any correlation between increased gamma-ray activity and solar flares. The

scintillation detectors must be oriented to the sun and be mounted on the spacecraft so

that they have an unobstructed view of space.

5.3.8 MEASUREMENTS OF PLANETARY ALBEDO

5.3.8.1 Background

It is well known that the albedo of the earth is a very important quantity for investigations

of the atmospheric energy budget. Solar radiation which is reflected back to space obviously

does not participate in an important way in the development of atmospheric circulations, in

the change of water from the liquid to the gaseous phase, or in the other major energy-

dependent processes in the atmosphere. Since the solar energy emission is approximately

constant throughout much of the spectral range of interest, a knowledge of the planetary

albedo permits a determination of the amount of er_ergy which is retained by the Earth and

is thus a positive term in the energy budget.

Measurements of the earth's albedo which have been made so far are of the most primitive

kind. The first such determination, aside from theoretical estimates, was that of Danjozi
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(19;hi) (IbJh, rence 5-55) in which the earth-reflected sunlight which was reflected from the

dark porti(m of the Moon was measured. Since the measurements were all made at one

location on the Earth, they represented albedo determinations of only a part of the Earth.

Futl_hermore, the measurements covered only a very small part of the total solar spectrum.

A great number of data on the earth-reflected sunlight have been obtained by the TIROS

meteorolo_cal satellite, but these data are still unsatisfactory from a number of stand-

points, rheir most serious shortcoming lies in the fact that there is no on-board

calibration of the instrument and a serious but quantitatively unknown amount of degradation

of _he instruments has occurred subsequent to the ground calibrai2"on. Consequently, the

values oi phmetal), albedo obtained are subject to large errors_ The second difficulty with

the TII_OS data is that the radiometer furnishe_ data on radiant intensity in a _'estricted

solid angle oriented in only one direction at any given time. Our knowledge of the angular

distribution of intensity over the downward hemisphere is still too meager to allow a good

determination of total reflectance from a mea_surement in only one direction. Thirdly,

TIROS htLs so far been restricted to orbits of i,_clination of less than 60 degrees, with

resp_ _ot to the equatorial plane, so there are large areas of the Earth for which no TIROS

measurements a re available.

The Ames Research Center of NASA (Reference 5-56) is in the process of building up an

ex3)eriment for satellite application in which multi-channel measurements of the earth-

reflected sunli_lt will be made. These measu,vments will, however, be restricted to the

r;mge of wavelen.ol.hs 3200 to 7800R. while 41.5 percent of the energy of solar radiation is

at wavelengths greater than 8000)_. The orbit of the Ames vehicle will be inclined 33

degrees to the equatorial plane, thereby providing data only at relatively low latitudes.

Finally, the Ames experiment has yet to be flo_-a.

5o ft. 8.2 Ex2Deriment Obiective

The objective of the present experiment is to obtain data for a reliable determination of

the earths albedo and its variation throughout the lifetime of the satellite.
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5.3.8.3 Experiment Definition

The experiment should provide data on the intensity of the earth-reflected solar radiation,

as a function of location and ahgle at which the earth is viewed, in six different spectral

intervals in the 3000A°to 2.5 Ix range. The field of view of each of the six channels

should be a 5 degree half-angle cone, the optical axes for all channels should be parallel,

and the field of view should be made to sweep across the disc of the earth from horizon

to horizon, through the nadir direction (this would be accomplished by mechanical means).

Each channel should be made to obtain a burst of approximately twenty measurements at

equal angular intervals during the horizon-to-horizon sweep, thereby making a total of

approximately 120 individual measurements during a sweep. The sequence should be

repeated at intervals of approximately 2 1/2 minutes during the time the satellite was over

the sunlit hemisphere.

The spectral intervals for the six channels would be defined by six optical filters, the band

passes of which are centered at the following wavelengths:

Channel Wavelength

1 3500_{ "

2 5500_{

3 8000_

4 1. 025

5 1.35 i_

6 2.15_

5.3.8.4 Experiment Design

The optics of each channel would be of the most primitive type, consisting simply of a

lens, filter and detector with appropriate optical diaphragms for defining the field of view.

The measurements are all in a portion of the spectrum which has been well explored and

the necessary instrument components are all available from commercial sources. The

.-#
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radiation in the spectral rm_ge oI • interest is essentially all continuum radiation, a fact

which permits relatively wide passbands for the optical filters. Interference filters of

passbands of 150._ would be satisfactory for the first four channels, and absorption filters'

with bandpasses of 200X would give sufficient resolution for channels 5 and 6. Commer-

cially available photomultiplier tubes would be the detectors for channels 1, 2, and 3,

while lead sulfide or similar detectors would bare the required sensitivity for channels

4, 5, and6o

Lenses made of t',_sed quartz would be recommended for chmmels 1 and 6, while glass

lens would be satisfacto_' for the other four channels.

The component._: would Ixe mounted in the most com,enient configuration for incorporation

into the particular spaceerMt, the 0nly special requirements being that all of the optical

,axes coincide and all channels have an unobstructed view.

5.3. _. 5 Ex:periment/SpacecrMt Interface Requirements

The interface requirements for the planetary albedo ex_periment ale:

SpeciN Instrument

Size

Weight

Power

Output Signal

Telemetry Accuracy Required

Multi- Channel Photometer
t

4in. x4in. x3 in.

5 pounds

5 watts during normal operation

25 watts for 5 seconds during calibration

5 voltages (0-5v)

1 percent of full scale reading

I

The optical field of view of the instrument must be unobstructed-. The instrument should

be mounted so that its field of view can be swept from horizon to horizon across the disc

of the earth at least once for every 10 degree change in orbit position (during the daylight

portion of the orbit only).
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5.3.9 MEASUREMENTSOF ULTRAVIOLET RADIATION FLUX

5.3.9.1 Background

The major part of the ultraviolet radiation which would be incident on the satellite will

be primarily that directly from the sun, and this direct solar radiation would be mainly

responsible for any damage to the satellite components which occurs. Ultraviolet radia-

tion which is reflected or emitted from the earth will not be sufficiently intense to cause

appreciable damage, although this ultraviolet radiation is a very information-packed

portion of the spectrum and is scientifically interesting. The ultraviolet radiation which

comes from outside the solar system is also of great scientific interest, but it is much

too weak to be detrimental to exposed surfaces of a satellite.

Because of the nature of the present satellite, it is considered most desirable _o concen-

trate the measurements for this particular experiment in the ultraviolet region between

2000 and 3000_. There are four reasons for this choice. First, the total energy at wave-

lengths from 0 to 2000_ is less than 0. 0002 of the total solar energy, while that between

2000 and 3000_ is some sixty times greater than this. One would expect degradation effects

to be a maximum for the large energy fluxes. Second, most of the radiation at wavelengths

below 2000_ is confined to numerous emission lines, so the spectrum is a line spectrum

and requires reasonably high resolution spectrometers for proper measurements. Such

sophisticated instrumentation, and the attendant high communication requirement, is out-

side the scope of that anticipated for this satellite. The spectrum in the 2000 to 3000_

region, on the other hand, is largely continuous, thereby being amiable to meaningful

measurements with simple instrumentation. The third reason for investigating the 2000

to 3000_ region is a purely scientific one. Radiation at 3000_ >) 2000_ penetrates

down in the atmosphere to the ozone layer at altitudes of 30 to 60 kilometers, whereas

radiation at the shorter wavelengths is effectively absorbed at the 100 to 150 kilometer

altitude. Thus the characteristics of the ozono_phere are observable in the first, but

not the second, spectral region.



t.J _ _ r_ '_

An added factor in the seh ellen of the 2000 to "_()00_ re_,don for this experiment is that

other experiments _re under (!efinition for the reg-ion from 1050 to 1240._, which encom-

passes the velw strong and scientifically interesting Lyman-Alpha radiation at 1216_,

and for the X-ray re_ion (sections 5.'3° 10 and 5.3.6 respectively). Fourth and finally,

the greatest uncertainty in the determinations of the solar constant is caused by the

inability to ob_cr'.e the ultraviolet flux at waveleng-ths less than 3000_ from the surface

of the E:_rth. it is known, however, that there are large variations in that re,on, the

variations being due to solar activity. From _m overall enero_3r standpoint, the 2000 to

:i000_: is by far more important than is the region below 2000,_, so a long term eon-

iinuous mealie cing of th( solar ultraviolet flux in the 2000 to 3000_, should decrease

the uncertainty,' in the v:due ,)f the solar consL-_mt by at least :m o,_der of magnitude,.

5. ?,. 9.2 ExRerimept Objectives

The obj(,t.tiv(:s of the experiment are threefold. First, the total ultraviolet radiation

flux is to be m(,asured in (_r(i(:,r to assess the ,?[fect of such radiation in degr,ading

mat(_rials such as the concentrator reflective surface, solar cells, or other satellite

components. N, condly, the intensi5" of the ultraviolet r,'_tiation at selected wavelengths

in th(, 2,qO(i to ;;000._ rcg-it)n is t,() be meqsured t'] order to determine the large scale

distribution of atmospheric ozone. The third objective is to constantly monitor the

solar ultraviol,'t radiation to obtain better vaJues for the solar constant.

5.3.9.3 _Ek__el"ment I)efinition

The experiment wouht m;fi_e ihree different types of ultraviolet radiation measurements.

For pu_pt)ses of damage assessment, lhe total flux is of most interest. The major part

of the flux ib rei>resent¢'d _' radiation direct from the sun, so this measurement is of

prime imI)ol%ance. A lesser but still conside_,_ble amount of radiation is that portion

of the solar radiation whi('h is reflected and backseattered by the earth. A second

broad-band instl_ment would measure this component. The third type of measurement,
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namely, measurements of the intensity of radiation in the 2800to 3000_ region, is for a

scientific investigation of atmospheric ozone. This type of study has beenperformed only

from a theoretical standpoint, so a successful completion of these measurements would

be of basic significance. The three-channel instrument, the design of which is outlined

below, should provide the necessary data.

•5.3.9.4 Experiment Design

The ultraviolet e>:periment would consist of three basic parts, as follows.

9. First, a broadband instrument for measuring the direct flux from the sun. The

spectral extent would be through the entire 2000 to 3000_ range as defined by a •

broadbar, d optical filter. The optical system for the direct flux would consist of

a simple objective lens made of quartz, a filter, a Fabre lens, and a photomulti-

plier tube. The filter could be made of nickel sulfate hexahydride crystal as

reported by Childs (Reference 5-57). The extra transmission window at )_ >

3500_ would be of no consequence if an appropriate detector were selected. The

detector could be any one of several photomultipler tubes, such as the ITT FW

157-1 with a fused silica window (Reference 5-58). Neutral density filters could

be inserted to attenuate the direct solar,: radiation appropriately for the instrument.

Approximately one flux measurement per minute continuously during the time the

satellite is in sunlight would be required.

Do Second, a broadband instrument for measuring the Earth-reflected ultraviolet

flux. This is essentially a duplicate of the previous instrument, the main

difference being that this instrument would view the Earth instead of the sun.

The optics would be the same as described above except that no neutral density

filters would be required here. A field of view of a 2 1/2 degree, half-angle

cone would be reasonable. In order to compute the total flux on the spacecraft

components one would have to make a series of measurements as the field of view
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of the i,,,_trumont was swf.pt across the ,,_cth dis(: (accomplished mechrmically).

A burst of txvemy measurements duriug one 1SO degree sweep would [un_ish the

requirod data. the burst to be repeated once per minute while tJ_e satellite is

over the sunlit hemisphece of the earth.

Co Third, v, narro':'_bnnd ultraviolot pbotomeWr for mcasuri_g fl_e intonsib, of the

,':',r_h-reflecte(i rmtiation for the purt)os. _ of dek_rmirdng the ozone distribution

in the atmosl)he_,'e. This would be a tkree-eham]el instrument for measurements

of Earth-reflecwd sunlight in the 280C to :3000.}{ reNono The spectral bandwidth

should be of the ordor of I0:_ for each ch_mnel (Pelbrenee 5-59): bvt a definition

_,I the ;)_,,-::t waveiengt,hs ,_.titj requires s(me con-tputationso This in,-';-ament also

wouht t'_J.(, :_ burst of twenty measurements on each chmmel as the f:eid of view

was sw..,! t ,qer[)ss the disc of the earth. "also aeeomplisl,ed mechanically). A

one-ml:)t,te r(,pctition ruW _v(mld be _a ...._,_-qu,_te-. eM:y of the commere,_at!y available

photomultiplier tvl._s of high sensitiviW in the 3000]{ region would be suitable for

ti_is Wt)e of measurement .nmd many d,rferent mata, riMs are availahle for the

_ptieai eompone,,,t,_. (:omm_,reiN intcrIerence fittors ot 10,5{ bandwidth in this

range a,'t, r,_'ndil.x :_vnilable.

()n-board "" "eau,_ratio;_ oI the photometer'.-: would }_- necessary in order to assure

interpr_l:_ble r(?sults through_,,t lhe l(mg lilTetime _;[ the expeNment. A conven-

ient Manqard for 'd-,_, brtmdb'and chan:i,'i.s is a mercul2r" source which emits a

strong ,aercu_ lille at 25:{7_. I'or _e three narrowb,qnd channels a low-intensity

eontinuu_ source would be indicated.

5.3.9.5 F,.>>merln',ent/S )L.'tqe,')2_th_Lt, _cfac_q_RC(iu',rein eats

The interface rc'quirements l<,r tht, ultrp.\ b,iot -_x]_eriment are :
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1 Broadband Radiometor, earth-oriented

1 Narrowband Multi-channel Photometer
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Size

Weight

Power

Output Signal

Telemetry accuracy required

4 in. x 4 in. x 3 in. per instrument

Broadband Radiometer (sun-oriented) 1 pound

Broadband Radiometer (earth-oriented) 1.5 pounds

Narrowband Multi-channel Photometer 2.5 pounds

3 watts

5 voltages (0-5v)

1 percent of full scale reading

The sun-oriented radiometer must view the sun whenever the vehicle is in the sunlight.

Orientation to within +1 degree is sufficient. The other instruments should view the Earth,

the fields of view being swept across the disc o| the Earth from horizon to horizon by

mechanical means. For purposes of data correlation, the fields of view of both earth-

oriented instruments should coincide.

The earth sensing portion of this experiment would be eliminated in the case of a highly

elliptical orbit because the large variations in altitude would make it difficult to design

an experiment that would yield meaningful data.

5.3. i0 LYMAN-ALPHA EXPERIMENT

5.3.10.1 Background

The solar Lyman-Alpha (k _ 1216_) line has been shown (Reference 5-60) to exhibit an

absorption future when viewed with a high dispersion spectograph flown above the earth's

atmosphere. This feature is composed of two components; a broa¢l weak reversal, and a

deep narrow central absorption core at 1215.67_. The broad reversal is believed to

originate in the solar atmosphere whereas the absorption core is attributed to neutral

hydrogen lying between the ionized E-layer of the earth's atmosphere and the sun, but

outside the sun's atmosphere. The emission line itself arises in the chromosphere of

the sun. The kinetic temperature required to form the line is of the order of Te
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60, _)t_(J to !o0. (u_O"b_. it, c,v:_r, the tcrnl;',r_:lllrc chnractcrizinK the _ toe"Kent '.'adiation.

averaged over t/_e di_k o*, the. sun. is _bout 7200'-_K.

To determine the tempor:d variation of the de,,:sitv of the neutral hydrogen cloud is of

great intercsl :rod is ¢,lot_:,rndned bv recor,.!ing.tne depth of the absorption core continually

from an Earth orbiting satellite. By observm;_ the chal_ae in the equivalent _"idth of the

core, it will be possibh, to c:dcolate the nt_".;ber, m_d time rnl,_ of change of number, of

atoms em - in a oolumn lying betw,,_o:_ the , ,,.,.lhte ancl the sun. The total as seen from

the earth's vieinit), has }_,en computed to bc _ the order o1 "2 x 1012 atoms em -2 tt6w

_ "-_, > _iar ,_'ti_itv _: Uil_(llOWll.

Mcaaurenmnts (f:et'erence 5-6t) n',axte It, detcln_ine how much the net solar I vm,_m-Alpha

i_ux increayes ,!:,t_n g J!n__'es J__dieaW that _e l.,,m,'m-Alpha flux remains essentially un-

ehange(i during the cmeurrence t,f a flare. Thi:; _loes not imply that the inane;try of the

Ia;man-Alpha may not increase _raatly item a flare at the time of a flare, but only that

this enhancemen; does p.ot ai_p_'ecinbly alter tile I_tal an_ount of Lyman-Alpha radiation

emanating from the solar disk. The I.yman-Al!)h:_ line is about five times more intense.

Alt!_ou_h no spc,.ir:_ of I.yr,-:,:_-Alpha hav,_ h0,,_, t_btained for flares, it is probable that

the eentra_l rex_rs_l wilt '._,,:,absent, as it so ot>m _s in the Ca II lines. The weak

reversal ix c:ms,,,l by the partial absm_tion o*_q_e line hy hydrogen in the ehrumosphere

at lower temper._mr(, tha_ t_>, _oureo at the ii',c, l)urin_ a flare, it is possible that the

upward :rod outward stp.'ae of hot gases woul:, b_o_v the eoole:r gas away, thus tending to

preserve the originnl line >h:q_:. It may Ix, 0a:,t a flar,: or a series of flares, whether

dekected opttcall,/ _,_ n.,t. "ill distribu'u, sutfi _,i,..nt hydrogen into the region between the

sm_. and earth t-,, me:_:sural)13 :Meet the depth oj the, abso._lion core. W_ile it is known

that the rise time of flares is most generally iess thm_ 1 0 minute._ /Reference 5-02), it

is not known ho;_ long flares may take to cause a change in the absorption core; if they

do so at all0
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5.3, 10.2 Experimen_ Objective

The objective of the experiment is to obtain a knowledge of how the density of neutral

hydrogen clouds, between the earth and the sun, changes with time, and to determine

any correlation with solar activi%,.

5.3.10.3 Experiment Definition

The proposed experiment is designed to rne_sure, by means of a spectrometer, the solar

Lyman-Alpha line shape continu_ly from an earth orbiting satellite. The detector

would measure the spectral range from 1214. :_7 to 1216.97_. The out-put would be

sampled at the L)llowing wavelengths:

Every _,. 1_ from 1214.37 to 1215.37X

Every 0.1_ from 1215.37 to 1215.97_

Every 0. I_ from 1215.97 to 1216.97_

5.3.10o4 Ex2riment Desi_

Since the Lymmn-Alpha line is quite intense, of the order of 6 erg cm -2 see -1, from

which the narrow core removes approximately 0.1 erg cm -2 sec -1, detection problems

are minimal. The detector is a photo detector using a tungsten cathode and an LiF

window (Reference 5-63). This combination h_s a spectral passband of 1050_ < I <

1800_. The rejection of the scattered near ultraviolet and visible radiation within the

spectrometer is an important aspect of this combination of filter and photocathode. The

detector is operated at a pressure of 10-5ram Hg.

!

The spectrometer, similar to the NRL instrument, would use a 50 centimeter, 1200 line

-1
mm diffraction grating in the 13th order operated in a Rowland mount with the pre-

dispersive grating ahead of the entrance slit mechanically deformed so that the spectra

appearing at the exit slit will be stigmatic over the entire slit length. The dispersion
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from such a _,.-._t< m ,.rill I,,, t>! the, oilier {)I '2.+iA mm a-ith the exit slit sc:mnLng acr()ss

me line havi>.o4 an, (f(-cli_,, ,>,Mth ,.}I 0.()i,_. Th, _-,. the entire line, which is one ._ wide,

_'md the {.(>r{ . whi{.B i* (). t,-! I,_ o. 0-}._ w_,:o ;)t t}_ half ma:d)num point, will be resolved

m suffic'icnt {lctail w trac{. ,Jl,. chai]_e._ <}t IJ_. - v,o]'_ with t_me. The exit slit will sc,-m

thru m_ a:-c of mR. mitlimuK'P ill length _l(mT. ihr, tl,)wland circle, thus covering "2.6R in

,vav(,len_t.h cei_lc,_:d at 12 i7>. (;7R. Thi'.; ',rill :_._ure cop.Jplcte (,overao'e of the line plus a

i){)rlion :}t the (._)l-,ii.)mtli]; cm {.itIl{.r 8i.<t{ ,]i l h? l.i:l(, requJ red for a reference comparison°

SliI v:idlh::, arc of Lhe order ,,f It) to 15 ,2_.icPc,;.,>. The o_ratings are coated with fresh

nlu'_.lilm'm o\(' rl:)id with m a._T>.,.,M mB flu, ,Pide .)_ ,, rd{, r to cn._u re sufticient light efficiency

(l{efol'.._{.o 5--' "

• " ' __ ;_,k ) ' " " '. _2___'__21 '2 : -L_ _:.... 2 ..: _- ...............

The interlace r(_quiremcnts l(,r the Lvman-Aipba ex3}eriment are:

Sp{,{'ial Ip..< t :u)"_e );i

\V(,i _b,

).) ,/(: _-

r )t)_}ut _,i.i£:_.)1

l'eh.n-_c_w Accurac 3 litquirvd

F})('Ctl'_>t"_t'tl:l"

ill. • 1() in x 2 in,

i' i}{)111:, IF

2 '.' ' d t._

i < )tL,'i_£<'s (()-Sv)

I l,crccnt oI lull scale reading

The total rea{lin?s: l)(,r ._;_(:,'p ,',outd be :*t and one sweep would be made each minute°

No me:_surem{,nls_ wmll(! i){. mad,. whoa. the sun ie r,)t in view. The sweeping rate of the

sp{,ctrometer m.)_.* n,_t e<('c(',i i.:; A s,>(' to ;-v-uvo thnt _e response time of the il_stru=

lllent i.<; nc,{. ,' ' ' ' ]t .<COt ,]__'i,.

The sp(,clr{)m(.t,::" inlJst 1}0 o]'ie!_ttM to thc. 5Ti:i< F,1 i h:]'_{, ;In tlnol)s|ruob?d .view° The

t)ointing 0{ the, sat,. llita- should not (:hal:ft. !},/ m,_r+_ tl_._i cme second of arc (luring the

sweepin g ode ra ',t c}i_,
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5.4 SELECTION OF SECONDARY EXPERE_IENTS

A total of twenty secondary experiments, ten engineering and ten scientific, have been

outlined in Sections 5.2 and 5.3 respectively. The major characteristics and require-

ments of these twenty experiments are summarized in Table 5-3. Obviously such factors

as weight, complexity, data storage and telemetry requirements, etc., may prohibit all

of these experiments being included on one spacecraft. Also, some of these experiments

are of greater importance than others and some are better suited to certain orbits.

Therefore, it is necessary to identify the orbits for which each of these experiments is

suitable and to categorize the experiments in oilier of priority.

5.4.1 ORBIT COMPATIBILITY

Table 5-4 indicates the orbits from which each of the twenty experiments considered

could be conducted.

The earth orbits are suitable for conducting all of the engineering experiments with one

exception° The Radiation Effects on Solar Cells Experiment is not well suited to the low

altitude circular or highly elliptical orbits because the radiation enviromr_ent encountered

is of low intensity'. The Laser Experiment is not considered suitable for a solar probe

orbit because of photon de_ction problems encountered with present state-of-the-art

equipment for greater than lunar distances. The Infrared Detector experiment is not

compatible _jth a solar probe orbit because the earth's horizon is not available for sensing.

Engineering Experiments 1, 2, 4, 5, and 6 in Table 5-4 are not recommended for a solar

probe orbit becm_se the large variation in solar intensity throughout the orbit complicates

their evaluation.

The scientific experiments considered are somewhat more sensitive to orbit than are the

engineering experiments. The Interplanetary Dust, Interplanetary Magnetic Field and

Solar Wind experiments are only compatible with the solar probe orbit since their objec-

tives require that the space vehicle go out to approximately 0.3 AIJ. However, there are
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TABLE 5-4 . ORBIT COMPATIBILITY OFSECONI)ARY EXPERIMENTS
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similar versions of the interplanetary Dust and Interplanetary Magnetic Field experiments

for earth orbiting applications. These alternate experiments are basically the same as

those described in Sections 5.3.1 and 5.3.4 with the measurement ranges changed to be

compatible with the environment expected near earth. Of course the information obtained

is not interplanetary in scope but is confined to the region of space near earth. TheSe

alternate experiments are referred to in Table 5-4 as "Micrometeoriod Measurements

Around Earth" and "Earth Magnetic Field Measurements".

As indicated, either of these alternate experiments could be conducted from anyone of the

four earth orbits. Since very few heavy particles are found within the region of space

influenced by the earth's magnetic field, the Heavy Nuclei experiment is only compatible

with the solar probe orbit. The Earth Albedo experiment is not well suited to the modified

sun-synchronous or highly elliptical orbits. In the former case, the difficulties arise

because the spacecraft is always operating almost directly above the boundary between

the illuminated and dark portions of the earth. This presents a confusing field of view

to the earth oriented albedo sensor and makes meaningful results difficult to obtain. The

highly elliptical orbit, becanse of its wide variation in altitude, represents a difficult

orbit for conducting an albedo experiment.

5.4.2 PRIORITY GROUPING OF EXPERIMENTS

t

It is possible to divide the twenty secondary experiments into groups according to preference.

The major factors considered in establishing these groups are:

a. Compatibility with the solar thermionic experiment

b. Importance to the development of solar thermionics

c. Importance to the space program and interest to the scientific community

d. Ease of integration with the spacecraft

e. Size and weight

f. Demands on the telemetry, command, and power subsystems,
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EXPERIMENT

Solar Reflective

Surfaces

M ic romete oroid

Measurements

Proton and Elec-

tron Spectra
nnd l)irection

M easurements

of Ultraviolet

Radiation Flux

Thernml

Coatings

6 Laser

Experiment

7 Low-Thrust,

Electric _,_gh_c,

8 Radiation Effects

on Solar Cells

9 Infrared Detector

Solar X-Rays

Solar y-Rays

Lyman-Alpha

Earth Albedo

Solar Wind

MAJOR REASONS FOIl

PRIORITY GROUPING

Results of major importance to the de-

velopment of solar thermionics and other

solar power systems employing concen-

trators. Also helpful in evaluating the

primary experiment and makes use of the

sun-pointing feature of the spacecraft.

Important scientifically and to evaluation

of the primary experiment. Also nec, ded

for complete evaluation of Experiment
No. 1.

Important scientifically and to evaluation

of the prinmry experiment. Also needed

for complete evaluation of Experiments
No. 1 and 8.

Important scientifically and to evaluation

of the prinmry experiment. Also needed

for complete evaluation of Ext_eriments

No. 1, 5, and 8, and supplements Ex-

periments No. 10, 11 and 12.

Relatively simple experiment which

yields nee(led information on thermal

coatings to be used on space vehicles.

Experiment package already developed.

Experiment makes use of sun-pointing

feature of the spacecraft.

Important to the development of lasers as

a means of space commm_ications.

Important to the development of low-thrust

clot tric _'ngines iui ,_c in attitude control

systems and space l)ropulsion in general.

Important to a more complete: under-

standing of solar array degradation from

radiation. Results needed to improve

solar cell power supply design. Also

makes use of the sun-pointing feature of

the spacecraft.

Important to the development of better IR

detectors for use in attitude control systems.

Important scientifically and makes use of

the sire-pointing feature of the spacecraft.

Also supplements Experiments No. 4,
11 and 12.

Important scientifically and makes use of

the sun-poh_ting feature of the spacecraft.

Also supplements Experiments No. 4, 10

and 12.

Important scientifically and makes tlse of

the stm-t×)inting feature of the spacecraft.

Also supplements Experiments No. 4, 10

and 11.

Required to obtain a better measure of the,

earth's albedo. This infornmtion is of

value scientifically and to the thermal de-

sign of space vehicles.

Of scientific importance to a better m_der-

standing of the make up of interplanetary

space, and solar phenomenon in general.

Heavy Nuclei

V-Ridge Con-

centrating
Photovoltaic s

I_aermal

Contact

.Resistance

Solar

Thermoelectrics

Thin-Film Solar

Cells

Earth Magnetic
Field

Of scientific importanz: to a better trader-

standing of the sun's composition and solar

piwnomenon m genera. Also sui)plements

experiments 4, 10, 11 and 12 and makes

use of the sun-pointing feature of the

spacecraft.

*Pals experimen t is considered of secondary

priority because the major question of how

well the concentrating surface will hold up

can be ans_;ered by Experiment No. 1,

It appears likely that this experiment will

have already been performed by the time

a space vehicle could be developed for

this program. Also this experiment does

not take advantage of any of the special

features of this spacecraft.
•., .,

This experiment has Mready been done and,

if further space experiments are war-

ranted, they will probably be performed

by the time a space vehicle couht be de-

veloped for this program.

The state of the art is not sufficiently

advanced at this time to warrant a space

experiment.

This experiment is not recommended be-

cause of the complexity associated with

the spacecraft integration.

Notes

*Orbit I - Modified Sun-Synchronous (1000 NM - 10t. 84 degree inclination)

Orbit II - Itighly Elliptical (200 NM x 25,000 NM - 45 degree inclination)

Orbit IIl- Low Altitude Circular (325 NM - 30 degree incihmtion)

Orbit W - Stationary Earth Synchronous (19,300 NM - 0 degree inclination)

Orbit V - Solar Probe Orbit (Perihelion 0.34 At/)
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priorih' "A" ,and priori_ "B" groupings given in Table 5-5. It is unlikely that 'all thir-

teen of these e.x:periments can he included on any one of the spacecraft designs. However,

it appears that all of the priori_ "A" experiments and most of the priority "B" experi-

ments can be included in each case. The decision on the priority "B" experiments to be

included will be made in the spacecraft design phase of this study. This decision will be

based on a more complete consideration of power, weight, telemetry requirements, and

compatibility" with the spacecraft design.
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SECTION 6

MIS_ION SELECTION

6.1 INTRODUCTION

This section presentslhe conclusions reached from the Mission Analysis Phase (Phase I) of

this study. To arrive at these conclusions, the results of the Launch Vehicle, Orbit

Analysis, Thermionic System Performance and Secondary Experiments Sections were

integrated andthe most promising combinations of these factors selected. These selected

combinations constitute the most attractive missions for a solar thermionic flight

experiment.

6.2 ORBIT COMPARISON

The advantages and disadvantages of the various orbits considered are summarized in

Table 6-1. Based on these advantages and disadvantages, the recommended orbits for the

first solar thermionic flight experiment, in order of preference, are summarized in

Table 6-2.

Primarily because it can provide an initial shadow free period followed by the introduction

of a shadow period in the latter phases of the experiment, the modified sun-synchronous

orbit is far more attractive than any of the orbits considered. The advantages provided

during the initial shadow free period are:

a. An uninterrupted evaluation of the thermionic experiment can be made.

b. An uninterrupted evaluation can be made of all secondary experiments that require

sun orientation.

C. With no shadow" periods, the severe thermal cycling problems are eliminated and

the solar thermionic system life and reliability increased.

6-1
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Table 6-1. Advantages and Disadvantages of Various Orbits
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d. Thermionic generator warm-up problems such as getting the cesium reservoir up

to temperature after each dark period are eliminated.

e. The attitude control function is simplified because the sun reference is never

shadowed.

f. The spacecraft thermal control problems are reduced.

g. The need for secondary battery power is reduced or eliminated.

Table 6-2. Recommended Orbits

Recommended Orbits

(In Order of Preference)

1, Modified Sun-

Sync hr onous

2. ttighly Elliptical

3. Low Altitude

Circular

Altitude

(nm)

i000

25,000

(Apogee)

2OO

(Perigee

325

Inclination

(degrees)

101.84

45

30

Period

(hours)

2.07

1.61

14.0

Maximum

Dark Period

 ours)

0.4

2.09

0.61

Launch

Site

WTR

ETR

WTR

The introduction of a shadow period in the latter phase of the mission gives the added

advantage of allowing the effect of dark periods to be evaluated. Since the majorits' of

space applications for solar thermionics would involve shadow periods, this information is

needed. The other advantages listed in Table 6-1 also contribute substantially to making

this orbit the number one selection. Since spacecraft weight does not appear to be a

problem, the solar cell shielding weight associated with the severe radiation environment

does not appear to be a serious disadvantage.
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A highly elliptical orbit is the second choice, however, compared with the modified sun-

synchronous orbit, it is considered far less attractive. Its only advantage, compared with

the modified sun-synchronous orbit, is that the wide variation in orbit.altitude provides a

platform for performing interesting scientific measurements of such quantities as the

proton and electron spectra. This type of orbit doesnot offer a completely shadow free

period, but it does offer a high light to shadow ratio and a long orbital period. This assures

long periods (12 hours or more) of daylight for operating the thermionics experiment and

minimizes the thermal cycling. Communication for the highly elliptical orbit is more

difficult than it is with the modified sun-synchronous orbit and requires the involvement of

more ground stations.

Also, the relatively long shadow period compared with the modified sun-synchronous orbit

(2 hours compared with 0.4 hour) may crea_ thermal control problems for the highly

elliptical orbit.

Of the five basic types of orbits considered, the low altitudecircular orbit is ranked third.

Although a solar thermionic experiment could be conducted from this type of orbit, itis not

extremely attractive. Compared with the two orbits ranked above it, the low altitudecir-

cular orbit has no advantages and, as indicatedin Table 6-1, ithas numerous disadvantages.

The stationary earth synchronous orbit or the solar probe are not considered suitable for

the first solar thermionic flight experiment. The stationary earth synchronous orbit is

rejected primarily because of the cost and complexity associated with establishing and

maintaining this type of orbit;. The major objections to the solar probe are the serious

design problems resulting from the change in solar intensity encountered throughout the

orbit.
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6.3 LAUNCH VEHICLE SELECTION

One of the IMPROVED DELTA launch vehicle configurations is recommended for each of the

three orbits selected. The specific launch vehicle selected is indicated in Table 6-3.

Table 6-3. Recommended Launch Vehicle

Orbit

Modified Sun-Synchronous
Altitude: 1000 nm

Inclination: 101.84 degrees

Highly Elliptical

Altitude: APOGEE - 25,000-ran

Recommended

Taunch Vehicle

IMPROVED DELTA

DSV-3E

IMPROVED DELTA

DSV-3E

PERIGEE-

Inclination: 45 degrees

Low Altitude Circular

Altitude: 325-nm

Inclination: 30 degrees

200-nm

IMPROVED DELTA

DSV-3H

The reasons for selecting a DELTA class launch vehicle are summarized below:

ao Based on actual flight records, the DELTA class of launch vehicles have

demonstrated a significantly higher reliability than any of the other vehicles

considered.

b. For equivalent payload-orbit capability, the DELTA series has the lowest cost of

the vehicles considered.

c. The DELTA series of launch vehicles provide a wide range of payload-orbit

capability. As a result, one of the DELTA configurations will generally closely

approximate the required payload-orbit capability. This minimizes the chances of

paying for booster capability that is not needed.
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do The DELTA series are the only launch vehicles considered that are not engaged in

orbiting classified military payloads. In addition, the DELTA series are NASA

vehicles. These two conditions should minimize priority problems in obtaining a

vehicle and scheduling launches.

The specific reasons for choosing the IMPROVED DELTA from the various DELTA

configurations available are:

a. The payload fairings associated with the IMPROVED DELTA allow solar

concentrator diameters essentially as large as those obtainable with any of the ,

vehicles considered and substantially larger than allowable with other vehicles in

the DELTA series. These allowable concentrator diameters are large enough (57

inches maximum.) to obtain the minimum acceptable thermionie generator output of

100 watts, with a sizable margin of safety (a concentrator diameter of 42 inches is

required to obtain 100 watts). Having this safety margin can simplify the space-

craft design and offer some space for expansion should the component performance

not come up to present estimates, thus, necessitating a larger conceatrator

diameter. This safety margin will also permit the use of concentrator diameters

on the order of 50 inches, which are required if thermionic emitter areas of two

square centimeters or greater are to be used. Areas of two square centimeters

(or more) are highly desirable since all of the existing experience has been with

emitter areas of this size.

6-6

Do Since the IMPROVED DELTA can be used in four different configurations, (DSV-3E,

3F, 3G and 3It) which cover a wide range of payload-orbit capability, it

represents a ver_' versatile launch vehicle. For example, assume a mission were

designed around the DSV-3G vehicle. If for some reason, such as a change in the

planned orbit, an over_veight spacecraft, etc., greater booster capability were

required, a switch to the DSV-3E launch vehicle could be made. Since all of the

IMPROVED DELTA configurations are modifications of the same basic vehicle,

and they all employ the same payload fairings, this change could be made with the
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miaimum of difficulty. This might prove particularly attractive for second or

third generation missions where a significant change in the spacecraft orbit could

be made without a major redesign of the spacecraft.

There are three potential disadvantages with using the IMPROVED DELTA launch vehicle.

First, since it is not scheduled to become operational until the third quarter of 1965, it is

not now available. Also, since it is not operational, its performance has not been

demonstrated. However, if the present schedule is held, the vehicle availability should not

present a problem for a solar thermionic flight experiment. Also, this is not an entirely

new vehicle since, in general, the IMPROVED DELTA will employ the same basic com-

ponents as the current DELTA (DSV-3C), and is therefore expe_ed to have the same high

reliability.

Secondly, the DELTA class of vehicles do not at present have WTR launch capability which

is advantageous for achieving polar or near polar orbits. This capability is scheduled to be

available in the first quarter of 1966 and, therefore, should present no problems for this

program.

Finally, the DELTA series of vehicles have, in general, a more severe launch acceleration

and vibration environment because of the solid stages employed. A detailed design analysis

will have to be performed before the effects of the launch environment can be established,

but based on past spacecraft design experience, no extremely difficult problems are

anticipated.

These three potential disadvantages are not considered serious at this point.

6.4 SOLAR THERMIONIC SYSTEM PERFORMANCE

Since one of the IMPROVED DELTA configurations was selected as the launch vehicle for

use with each of the missions, the maximum payload diameter is 57 inches for all three

cases. A concentrator diameter of 50 inches was selected for the following reasons:
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a. A 50 inch diameter concentrator will yield a thermionic generator output of 144

watts which is considerably above the minimum ground rule requirement of 100

watts. Therefore, a substantial decrease in estimated performance could be

tolerated without the generator output falling below 100 watts.

4

b. A 50-inch diameter concentrator allows a converter emitter 'area of two square

centimeters which is highly desirable since the majority of thermionic converter

experience has been with this emitter size.

Co Choosing a concentrator diameter smaller than the maximum value the payload

fairing will allow has two major advantages.

1. It allows flexibility should the thermionlc system performance fall below

present estimates and the concentrator diameter have to be increased.

. It leaves ample space for the concentrator torus and other spacecraft structure

that may be required. If it were necessary to design the spacecraft such that

the concentrator diameter equaled the maximum allowable payload diameter

this could present some difficult spacecraft design problems.

Having selected the concentrator diameter, the thermionlc system size is defined. The

major performance parameters, consistant with a 50-inch concentrator diameter, are

summarized in Table 6-4. The thermionic system design will be the same for all three of

the missions.

6.5 SECONDARY EXPERIMENT SELECTION

A total of twenty secondary experiments (ten engineering and ten scientific} were considered.

These experiments were selected on the basis of their importance to the development of

solar thermionics and to the total space program. Also considered in choosing seqondary

experiments for evaluation was their compatibility with the primary experiment and their
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Table 6-4. Thermionic System Performance Parameters

Performance Parameters

Converter Emitter Temperature

Convvrt_r Electrode Spacing

Converter Emitter Material

Converter Sleeve Thiclumss

Converter Emitter Area

Converter Operating Point

Converter Power Density

Converter Voltage Output

Converter Efficiency

Concentrator Diameter

Concentrator Rim Angle

Concentrator Geometric Error, 3a

Concentrator Reflect_vity

Concentrator Blockage Factor

Concentrator-Absorber Efficiency

Thermionic Generator Aperture Diameter

Thermionic Generator Efficiency

Thermionic Generator Power Output

Thermionic Generator Voltage

(Four Converters in Series}

Thermionic System Efficiency

2000°K

2 mils

Rhenium

0. 0025 in.

2
2 cm

Peak Efficiency

18 watts/era 2

0.85 volts

17.4 percent

50 in.

60 degrees

12 min

90 percent

5 percent

67 percent

0.71 in.

12.2 percent

144 watts

3.4 volts

8.2 percent

ability to take advantage of the unique requirements of the primary experiment, such as

highly accurate sun orientation.

Table 6-5 presents the most attractive secondary experiments of the twenty evaluated.

These experiments are divided into two groups: priority "A" and priority "B." The

priority "A" group represents those experiments which should be included on the spacecraft
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if :tt all i o._,--z Jlc. T;_cse _.xperiment's arc indixiduallv of great engineering or scientific

int, q'c,_4 and also yield information which is needed to completely evaluate the primary

cxpcrin>,nt.

The priorit.v "B" experiments are to bc considered for inclusion on the spacecraft after the

pri,ri',.7, "A" experiments. The experhnents in this second group are also of great

enginceriag or scientific interest, but arc nst necessary to evaluation of the primary

experiment.

Table 6-5 also indicates the orbits which are statable for conductillg each of these

experhnc||ts. _',:i_ll a few c._ccptions all of the experiments listed can be conducted from

any of th,, three <,:bits selected. Experiment No. 3 is not suitable for the io_,, altitude

circular orbit because the 325-nautical mile altitude is below the Van Allen Pe!t and there

is no appreciable radiation to measure. The Earth Albedo Experiment {No. 13) is not well

suited to the modified sun-synchronous or highly elliptical orbits. In.the former case, the

difficulties arise l_ecause the sp:mecraft is al',v:tys operating almost directly above the

b<mndarx ,between the illm_linated and dark t)ortmns of the earth. This presents a cmffusing

field of view to the ,+arth oriented albcdo sere:or and makes meaningful results difficult to

obtain. The higrly elliptical orl)it, because ('f its wide variatim_ in altitude, represents a
/

difficult orbit for conducting an earth albedo e:periment.

The final selection of the secondary experiments to be included on each of the three missions

will be made in ti)e spacecraft design phase of the stud5'. It may bediffieult to include all

tl_irtecl_ <)f the (.,q,eri:ncnts listed in Table G-5 :_n any one of the spacecraft

dcsigns; ho,vew_r, it appears that all of the priorig "A"-experiments and most of the

prmrity "B" ex-periments can be included in each ease. TLe decision on which of the

priority "B" experiments is to be included w'th each of the missions will be based on a

consideration of power, weight, telemetry re_m:'ements, and compatibility with the space-

craft design.

6-12
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The secondary experiments considered in this study are illustrative of those that could be

included on a spacecraft whose primary objective is the evaluation of solar thermionics. As

subsequent studies of the solar thermionic flight experiment are undertaken, it will 5e

necessary to continually evaluate potential secondary experiments to insure that those

finally selected represent the best possible choice. It will also be necessary to evaluate

these experiments in greater detail than this study would allow before a final selection is

made.

6.6 SUMMARY AND CONCLUSIONS

The missions selected for detailed study are summarized in Table 6-6 and in the subsequent

sections will be referred to as Missions A, B and C. In Phase IIof the study, conceptual

spacecraft designs will be developed for each of these missions.
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